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ABSTRACT

This report presents a preliminary design study of ICARUS, an
advanced solar probe. It was prepared during a NASA - Stan-
ford training program on space systems engineering by a group
of 15 professors from various US universities during the
summer of 1966.

The objective of ICARUS is to explore the region of space
between I AU and 0.I AU* from the Sun, both in and out of
the ecliptic plane. This program thus supplements the current
NASA Pioneer project which investigates solar particles and
fields in the region to 0.8 AU with the current Pioneer and
to 0.5 AU with later versions of Pioneer. The experiments
planned for ICARUS are similar to Pioneer, namely, the measure-
ment of cosmic rays, solar particles, and magnetic fields.

The major new problem encountered in this study was the de-
sign of a spacecraft which could survive and function under
the lO0-fold increase in solar radiation which is encount-
ered at 0.I AU. Many configurations were studied and a
simple arrangement finally evolved which can withstand this
severe thermal environment and still weigh only 160 pounds.
The spacecraft consists of a relatively flat spin stabilized
body of revolution with its axis normal to the orbit plane.
This arrangement minimized the heat inflow from the Sun and
maximized the heat rejected by radiation. The basic load
carrying structure is of Beryllium. The outer shell is made up
of fiberglass reinforced plastic in the form of a frustum of
a cone.

The solar cell power supply is on a flared conical skirt,
attached to the bottom of the main body. It provides a mini-
mum of 40 watts near Earth and 242 watts near the Sun. Active
thermal control is effected by louvers (actuated by bimettalic
springs)located at the top and bottom ends of the spacecraft.
Minimum heat inflow into the spacecraft is achieved by means
of optical solar reflectors and superinsulation. A suitable
combination of travelling-wave tubes provide communication
data rates of greater than 500 bits/sec using a ground anten-
na of 210 ft. diameter and an error rate not to exceed 10-3
bits/sec. Data rates as high as 1800 bits/sec at 0.3 AU and
800 bits/sec at 0.i AU are available with this communication
system. Data reduction and processing and analog to digital
conversion for both the scientific and engineering data is
performed by a central data system in the spacecraft.

The spacecraft system is design to be launched by the Atlas-
Centaur, plus two solid propellant upper stages for flights in
the vicinity of 0.2AU. For flights in the vicinity of 0.1AU
the Saturn IB-Centaur plus two solid propellant upper stages are
required. The launch schedule is as follows:

* I AU is the mean distance from the Sun to the Earth.
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Launch No.

I
2
3
4

5
6

ICARUS Skirt Angle 30 °

Date Perihelion

Spring 1971

Fall 1971

Summer 1972

Spring 1973

o.18AU
O.23AU
o.18AU
O. 23AU

ICARUS Skirt Angle 20 °

Fall 1973 O.09AU

Spring 1974 O.IIAU

Ecliptic
Inclination

1½ o

15°
1½o
15°

3 o

15°

An estimate of the ICARUS program costs is as follows.

Four missions to 0.2 AU

Spacecraft - R & D
4 vehicles

Five experiments
Boosters

Total

Two missions to 0.i AU

Spacecraft - additional R & D
2 vehicles

Experiments
Boosters

Total

$24 million
8

12

56

$I00 million

$ 8 million
4
6

84

$102 million

Missions for solar exploration between 3 solar radii and

0.I AU would require a radically different thermal design of

the spacecraft and would probably utilize Jupiter swing-by

to achieve the very high velocities _4V _ 100,000_t/_required
for such flights.

--V; --
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!. INTRODUCTION

IA. Stanford-NASA Program in Space Systems Engineering

IAI. Objective

•This report presents the conclusions of a preliminary

design study carried out during the summer of 1966 as a

space syste_engineering project at Stanford University

under the sponsorship of the National Aeronautics and Space
Administration.

The participants were a group of fifteen professors of

engineering representing seven specialties from ten univer-

sities in the United States° The objective of the project

was a dual one, viz._ technical and educational° The tech-

nical objective was to develop a preliminary design of a

solar probe to a perihelion of about 0oi AU_ using the

present state-of-the-art. The educational objective was to

acquaint the participants with the techniques of systems

engineering so that upon return to their respective univer-

sities they could initiate similar programs.

IA2e Program

Systemsengineering seeks to optimize the design of a

project from an overall mission point of view rather than on

an individual component design basis by resolving the often

conflicting requirements imposed by the subsystems. In the

systems approach_ the function which must be performed, ioeo

the mission, is the prime factor to which each subsystem

must be sub-serviento Subsystems are designed with respect

to each other, rather than as separate aspects, so that the

end result is an optimum over-all design°

To become qualified in the field of systemsengineering

the designers must be able to understand the concepts in
other fields and how these fields interact with their own

in a systems design_ they must be able to talk and work with

other engineers in a design team, and they must be able to

handle system design problems_ where often the questions

can not even be properly asked until they are at least

partially answered°

A course of this kind was conceived and conducted at

MIT by Dr° William Bollay_ who was a visiting professor at

MIT, in the year 1962o The design problem selected was an

equatorial weather satellite system° This experiment in

creative engineering proved to be a tremendous success.

The following year Dr. Bollay initiated a similar program_

the preliminary design of a satellite based data collection



system at Stanford University. Since then both Stanford
and MIT have continued this course. The encouraging results
from this type of course prompted the sponsoring of the
present study whose educational objective is to spread the
technique to various other universities.

Course structure: The class was divided into three
working groups_ each with an elected group leader, a faculty
advisor and a defined area of responsibility:

Group A:
Group B:
Group C:

Experiments, communications and data handling
Boosters, trajectories and stabilization
Spacecraft

An elected project manager directed the entire effort
of the three groups. The time span of ten weeks was split
into three phases of approximately equal duration. At the
end of each phase new group leaders and project managers
were elected.

During the first phase of the program the necessary
background lectures were presented by the Stanford faculty
and specialists from the NASA-Ames research center. By the
end of phase I the participants were able to organize a
preliminary joint report comprising of a brief description
of the overall system and its objective, and the major
alternatives of overall system and for each subsystem.

During phase I! the team was engaged in detailed evalua-
tion of alternatives and preliminary design and analysis.
At the same time, additional lectures_ as needed, were
delivered by NASA and industry representatives. Also, the
group visited a few industries engaged in related endeavor°
Daily, during the phase ii, the group took part in active
discussions and fruitful trade-off sessions. By the end of
phase Ii of the program the group was able to reach an
agreement on the major system decisions after having justi-
fied them quantitatively and considering the advantages and
disadvantages of the alternatives°

Technical system integration and organization of the
final report formed the major task during the third phase.
At the end a verbal presentation of the final report was
made to invited guests from the universities, NASA and other
governmental organizations and industry. The comments from
the invited guests were reviewed and minor modifications to
the final report were made wherever necessary.

IB. Advanced Pioneer History

The value of scientific observations of interplanetory

_°



phenomena has long been recognized by the NASA. NASA's

program for unmanned space exploration includes the objec-

tives of detailed observations of the solar disk and compre-
hensive mapping of the solar atmosphere. The result of

these efforts is to gain a better understanding of solar
phenomena and the relation of these phenomena to the
dynamics of the solar corona.

The launching of Pioneer V in March 1960 marked the
first specific step taken by the United States toward

mapping the solar atmosphere° This provided magnetic field

measurements up to 36 million km (22.5 million miles) from
the Earth° About a year later Explorer X provided the first

significant measurements of interplanetary plasma and of

the boundary between the magnetosphere and the interplanetary
regions.

The successful flights of 0S0-1 and Mariner II in 1962

made further contributions to the knowledge about the Sun°
The 0SO I accomplished detailed optical observations of the

solar disk; Mariner II made the first measurements of solar

wind away from the Earth's magnetic sphere. Later launches

such as Explorer XII and Pioneer VI have provided valuable

data on space radiation and magnetic fields. More extensive

measurements of particles and fields in the solar atmosphere_
between 0°8 and 1o2 AU, are the objectives of the current

NASA Pioneer program.

The experimental results obtained thus far_ through
these programs_ are reinforced by the various theoretical

models of the Sun and its dynamic corona, in showing the

desirability of conducting scientific experiments as close

and as far away from the Sun and as far out of the ecliptic

plane as is possible° This report presents a preliminary
design proposal of a solar probe designed for nominal 0oi

and 0°2 AU orbits both in and out of ecliptic plane.



II. Program Summary

2A. Introduction and Experiments

The mission of the probe described herein is to transport
five instruments through interplanetary space to the vicinity
of the Sun, and transmit the data collected to Earth. The
instruments selected are a triaxial fluxgate magnetometer,
an electrostatic plasma probe, a cosmic ray detector, a neutron
detector, and a device for measuring the electron density in
space.

The fluxgate magnetometer will investigate dynamic mag-
netic phenomena in interstellar space, especially in the solar
wind, and is designed to measure three orthogonal components
of the magnetic field° The plasma probe will investigate the
energy spectrum and angular distribution of solar plasma; it
will measure the energy and direction of low energy charged
particles (from about 102 ev to about 105 ev). The cosmic
ray detector investigates the heliocentric radial gradients
of proton and alpha particle intensities. It will measure
the number of high energy protons and alpha particles. The
neutron counter will investigate the solar flare phenomena
by measuring neutron spectra. A bistatic radar experiment
measures the electron density between Earth and the probe,
and time variations of that quantity. This is accomplished by
determining the phase differences of a fixed frequency UHF
signal and a fixed frequency VHF signal.

The total mass of all instruments_ including electronics_
is 13.75 kg, and the power requirement is ii watts. In ad-
dition, the fluxgate magnetometer requires 3.5 watts inter-
mittantly for calibration.

A special booster and spacecraft system, ICARUS, has been
designed to accomodate these instruments. The remainder of
this Chapter is a summary of the booster and spacecraft system_
and associated design philosophy°

2B. Design Philosophy

The program philosophy which guided the development of
the ICARUS space research vehicle encompasses the following
points:

a. Minimize program costs
b. Maintain multi-mission capability
c. Utilize space qualified components
d. Minimize mechanically actuated members
e. Maximize scientific data returned.



National acceptance of scientific unmanned space probes will
probably depend critically on keeping the system cost to a
minimum.

Decisions concerning booster selection, spacecraft design
and utilization, and specific electronic and scientific
equipment packages were therefore greatly influenced by cost
considerations.

The ICARUS concept is built around multi-mission capa-
bility. Such capability offers, in addition to obvious econ-
omic advantages, the ability to fly identical scientific
instruments in identical spacecraft environments to different
sectors of inward solar system space. The "core" spacecraft
is designed to perform satisfactorily in many heliocentric
orbits°

Another point of philosophy was to take full advantage of
the many systems and components already developed for the
Pioneer program. A spin stabilized platform with the spin
axis perpendicular to the orbit plane still appears to be
the most effective way of providing two dimensional space
scanning for the instruments. It was concluded that a fixed
pole, high gain fan antenna is still the best compromise
solution to achieve high data rates, and that a number of
highly refined and space qualified electronics packages and
scientific instruments could be adopted in toto.

Major emphasis in the design was placed upon improving
reliability through simplicity. Articulated members were
eliminated wherever possible. The only remaining adjustable
members are the bimetallic actuated thermal louvers°

Every effort was made to maximize data gathering and
transmission capacity in the region of greatest scientific
interest, i.e. near the Sun. Highest transmission rates
are needed near perihelion for two reasons, viz., the
extremely large spacecraft velocity and a corresponding
clustering of events in this region.

2C° Trajectories and Booster

Logical extension of the present Pioneer program and
economic considerations resulted in the selection of an
Atlas/Centaur/TE-36%-3/FW-%S combination as the booster
system. An outline drawing of the spacecraft and the two
upper solid propellant kick stages mounted on the Centaur is
shown in Fig. 2CIolo

The booster system will effect hyperbolic escape from the
Earth and transfer into a heliocentric orbit about the Sun

5.



Modified Surveyor

Fairing

Antenna

Fairing Insulation
and Str_

Payload
Envelope

!

strument Package
Cell Skirt

SCOUT "E" Section

Interstage Connector

stage Connector

364-3

oin Table and

Interstage Connector

Centaur Vehicle

Figure 2Cl.1 Upper Stage Congiguration of ICARUS



with an injection velocity of 57_500 ft/sec and a resultant

perihelion of 0.17 AU in the ecliptic plane. The same booster

produces a perihelion of 0.23 AU for a launch 15 degrees out

of the ecliptic. Launches such as these are generally referred

to as 0.2 AU missions. More powerful boosters_ such as the

Saturn !B_ are needed for 0.i AU launches since the corresponding

injection velocity requirement is 67_i000 ft/sec.

Attitude stabilization is achieved by spinning the space-
craft at I00 rpm by means of a spin table attached to the

Centaur; attitude control is obtained using a Pioneer-like
gas expulsion system with the nozzle mounted on the solar
cell skirt.

2D. Spacecraft

Figures 2DIol and 2DI.2 are sketches of ICARUS. The

vehicle consists of a frustum of a cone for the body; a

conical solar cell skirt attached to the larger end of the
body; and an antenna on the spin axis attached to the smaller

end of the body. Some characteristic dimensions are:

MKS FPS

Diameter_ solar cell skirt

Diameter_ body cone_ large end

Diameter_ body cone_ small end

Height_ body cone

Height_ antenna

2 m 6.5 ft

l.!m 3.6 ft

l. Om 3.3 ft
0.6m 2.0 ft

1.3m 4.3 ft

Other parameters of interest are:

Range of operation_ design

Range of operation_ ultimate (est.)

Weight

Volume, instrument compartment

Electric Power_ regulated

i AU - 0.i AU

i AU - O.O7 AU

157 ibs

0.37m3_ (13 ft3)
_0w - 2_2w

The solar cell skirt cone angle depends on the perihelion
of the vehicle's orbit. Perihelions of 0.2 AU and 0.i AU

have been studied in detail. The power supply will provide

at least 40 watts of regulated power at injection for both
missions. This increases to a minimum of 242 watts in the

region of perihelion. The 242 watts first becomes available

at 0.33 AU from the Sun on the 0.2 AU mission_ and at 0.3 AU

on the 0.i AU mission° For the 0.2 AU mission the conical

skir_ will b_ flared at 60 ° from the spin axis and will have

2o$m _ (30 ft s) of area. For the 0.i AU mission tw_ conical
skirts are required. The inner one will have 2.6m (28 ft 2)
at 70 ° angle from the spin axis. The outer skirt will have

0°$5m 2 (9 ft2) at 40 °. The outer skirt will overheat and

Z



permanently degrade on the first pass near the Sun. The total

power av_i!able after the first pass is only that provided

by the inner skirt.

Active thermal control is effected by louvers actuated

by bimetal springs. These louvers are located on the outboard

side of the top and bottom equipment plates. Thermal input

into the louvers and the solar cell array is minimized by

using correctly shaped highly specular surfaces, with low

solar absorptance, on those surfaces which re-radiate to the

louvers and solar cells° Heat flux through the walls is mini-

mized by using the recently developed optical solar reflector

(OSR) as the main body coating with new high-temperature aluminiz_

plastic super-insulations. The OSR has an extremely low ratio o

solar absorption to infrared emittance (_5/_T : 0.06) which
limits maximum outside wall temperatures to 500°K for missions

to 0.i AU. These new material applications maintain the in-

strument compartment at 0°C to 50°C.

The structural design of the spacecraft is dictated by

thermal and power requirements as well as structural considera-

tions. Beryllium is used where possible because of its high

ratio of thermal conductivity to density (resulting in minimum

temperature gradients) and high ratio of stiffness and strength

to density (resulting in excellent static and dynamic struc-

tural behavior). Fiberglass reinforced plastic is used where

a low thermal conductivity structure is required, such as in

the outer body shell and attachment structures for the solar

cell cone, the super-insulation, and the antenna. Wherever

feasible, sandwich or waffle (integrally stiffened) construc-

tion is used for structural efficiency. An outstanding feature

of the structural design is the solar cell construction which

results in low weight and excellent heat radiation properties.

The proposed structure including the solar array structure is

17.3_ of the total weight of the vehicle.

2E. Communications

Data transmission from the solar probe to Earth is limited

by noise as well as the large distances involved. The large

loss of energy must be compensated by various combinations of

RF power output, transmitting antenna gain, and receiving

antenna gain. The following paragraphs summarize these aspects

of the program.

The Deep Space Instrumentation Facility with no improve-

ment in capability is considered to be available with receiving

antenna gains of 53 db for 85 ft. antennas, and 61 db for the

210 ft. antenna.

The spacecraft uses a high gain (ii db) fan-beam antenna,



Figure 2DI.I ICARUS -- An Artist's Conception
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similar to that of Pioneer_ for near-ecliptic orbits_ and it

uses the same antenna with a modified cone-shgped beam, ob-

tained by phase shifting between antenna eiements_ for out-

of-the-ecliptic orbits. The directional aspect of the beam

is adjusted for optimum Earth reception when the spacecraft
is in the region of greatest scientific interest.

There are three TWT power amplifiers on board capable

of 3 watts, 20 watts_ and i00 watts output power respectively.

The 20 watt tube can be operated at a 50 watt level.
Logical switching_ as a function of available solar cell

energy_ enables the _roper amplifier. At the available power
levels, and an error rate not to exceed i0-3_ transmission

ra_es are obtained no lower than 64 bits per second with the

$5 ft. antenna_ and no lower than 500 bits per second with
the 210 ft. antenna. These bit rates are available as the

spacecraft goes in from 0.65 AU to 0.2 AU perihelion and out

to 0.3 AU. Approximately I0_ lower data rates are obtained
for the 0.i AU mission.

2F. Central Data System

The Central Data System (CDS) combines in a lightweight_

efficient low-power-drain unit, the functions now being per-

formed in many separate portions of the usual spacecraft data

system. The CDS generates the time code, 16 bits, for in-

clusion in each data format. The master oscillator frequency

of 262_1%4 Hz is counted down with a series of binary counter
stages to provide 2045, i024_ or 512 Hz subcarriers for

modulation of the radio frequency carrier. The binary counter

chain provides data rates of i024_ 512, 256. 128, 6_ 32_ 16,

$, and % bits/sec. In conjunction with the Sun pulse sensor

and an overflow and reset counter_ the CDS formulates Sun

sector identification and data sampling control pulses. The

Sun sector counter provides 128, 64_ 32, 16_ $ or _ sector

identification codes for each revolution of the spacecraft°

Gating pulses for data sampling and readout are provided by
the Sun sector cohn_er.

Dasa reduction and processing, and analog to digital

conversion for both the scienSific and engineering data is

performed by the CDSo Buffer storage has been provided to

ensure she smooth flow of data or simultaneous recording of
data from the experiments requiring this feature; e.g.

magnetometer sensors. Data encoding in a simple convolutional

code, using a 24 bit shift register and combinational logic

for 1/2 rate code_ and the phase shift keying of the coherent

subcarrier is combined with the selected format and information

bit rate. Commands sent from the ground control station are

decoded and stored in the CDS. Permanenet storage of spacecraft



command and eight data formats is provided as well as sub-
routines for special data processing. The central data
system constitutes a mass of I0 kilograms with l2 watts of
electrical power required. The unit will be built using
presently available integrated circuits. Bulk data storage
is accomplished by transferring the information, assembled
into a format ready for transmission, into a digital tape
recorder (1.36 kg. and 2.7 watt). The CDS has a program
memory section that can be loaded by ground command which
controls the data sequencing format and bit rate for trans-
mission.

2G. Launch Schedule

The ICARUS program is a series of orbiting solar labora-

tories launched into different orbits during various portions

of the solar cycle. Initial launches should be phased in

shortly after the Pioneer program terminates, thus the first

flight will be in 1971, just past the next period of maximum
sunspot activity.

The first ICARUS launched will be boosted by the Atlas/

Centaur/2 Kick launch vehicle into a near ecliptic orbit,

and the second one into an orbit inclined at 15 ° . The space-
craft solar cell skirt is set at 30 ° for these launces. A

summary of the initial launch schedule follows:

ICARUS (Skirt Angle 30 ° )

Launch No. Date Perihelion
Ecliptic

Inclination

i Spring 1971 0.1$AU 1½ °

2 Fall 1971 0.23AU 15 o

3 Summer 1972 0.1$AU 1½ o
_ Spring 1973 0.23AU 15 o

* ICARUS (Skirt Angle 20 °)

5 Fall 1973 O.09AU 3°

6 Spring 1974 O.IIAU 15 °

* Launches to a perihelion of 0.09 AU can be accomplished
by replacing the Atlas with a Saturn IB. The decision of

whether or not to use a Saturn IB booster should be made only

after the 0.20 AU data is examined. The large booster cost

increment, approximately $25 million more per launch, can be
justified only on the basis of the scientific merit of the

deeper penetration. If the decision is that perihelions of

0.09 are economically worthw_ile, launches Nos. 5 and 6 should
be carried out according to the schedule shown above.

_°



Iii. EXPERIMENTS

3A. Scientific Objectives

3AI. Introduction

During the past several years, the United States has

been conducting investigations in the various space sciences

utilizing Earth satellites and deep space probes (i). The

success of this program thus far is indicated by the number

and significance of the discoveries (2). An objective of
this program as stated by NASA is: _To produce scientific

data on the space environment_ the SUn_ the Earth and planets,

and the galaxy, using unmanned spacecraft equipped with in-

strumentation and telemetry to relay data to the ground.

This information is essential to all utilization of space

and to an understanding of the physical universe and its

relation to man°" A deep space probe approaching the Sun

(within from 0ol to 0.3 AU) is_ therefore_ a logical exten-

sion of the program outlined above. The primary goal of

such a mission is to obtain a more valid understanding of

the Sun and the solar system.

3A2. Description of the Sun

The Sun is a typical star which dominates the inter-

planetary environment throughout its solar system. Since

the Sun comprises most of the material of the solar system

and since it supplies the energy for the solar system_ it

has a material effect on the solar system. The Sun itself

provides a continuous and quite variable source of plasma

which flows throughout the solar system. It also affects

the spatial and time distribution of the interplanetary

medium° The distribution of the interplanetary dust is

essentially determined by the solar gravitational and electro-

magnetic radiation fields° The ionization of neutral inter-

planetary gas occurs due to solar ultraviolet radiation and

possibly from charge exchange with the solar plasma wind°
A brief examination of the features of the solar surface

consists of <hree principle layers, (a) the photosphere ,

(b) the chromosphere_ and (c) the corona. A brief descrip-
tion of each fol_owSo

The photosphere is the name given to the visible disk
of the Sun. It has a black body temperature of about 6000°K

(4). However_ Lhe uppermost portion of the photosphere ap-

pears to have a temperature as low as 4500°K. Scattered

around the surface of the photosphere are brightened "granules°"

These "granules" have lifetimes of several minutes and are

approximately i000 km in diameter (4). At any one time there

are about a million of these granules visible on the photosphere



and they cover about a third of the total surface of the
visible area. On this surface one sees the development of
centers of activity. These appear in general to be bipolar
magnetic regions which are thought to be due to twisted
irregular magnetic field strands, which were initially sub-
merged below the solar surface and became twisted as a result
of the differential velocities of solar rotation. The solar
equator rotates with a period of 25 days, and the period
lengthens at successively higher latitudes, reaching about
30 days at the poles. Having come to the surface, these
centers of activity, called photospheric faculae, contain a
number of sunspots. The sunspot is a darker region which
has a magnetic field with a strength estimated at several
thousand gauss. The darkness indicates a lower temperature_

evidently due to restricted motion in the large magnetic

field. The magnetic fields in the facular region surrounding

the sunspots appear to be less than i00 gauss. The sunspot

groups evolve in about a week from the appearance of the

first spots to the maximum development and then decay again

over a period of several weeks. The gas density at the

photospheric_surface is deduced from the light intensity to
be about 10 -8 gm/cm3(5 ).

The next layer to be discussed is the chromosphere.

Its boundaries are defined in terms of the optical diameter

of the photosphere at one extreme, and in terms of tempera-
ture and density of neutral hydrogen atoms at the other ex-

treme. Just above the photosphere, the chromospheric tempera-
ture begins a rapid rise from an estimated 50,000°K at

i000 km to about _ million OK at a height of about 3500 km (5).
While the height of the chromosphere-corona interface varies

in both time and space, the 3500 km represents an average

height of this interface above the photosphere. Photospheric

faculae_ which contain the sunspots_ have chromospheric faculae

(plages) above them which are particularly bright in the K

line of singly ionized calcium and extend to dimensions of

105 km around the sunspots (5). The material in the chromo-

sphere shows definite upward and downward motions although
the relative amounts of each are a matter of considerable

uncertainty. The vertical velocities seem to be of the order

of 15 km/sec, although on the plages they appear to be about

half this value due to the stronger magnetic fields in the

plages which is estimated to be between 20 and i00 gauss (4).

On looking more closely at the chromosphere, one sees many

fine spicules or columns rising in the chromosphere, with

many of them rising well up into the corona. The plage areas

are seen to be simply a denser packing of spicules. It is

also quite suggestive that energy transfer through the

spicules accounts for the great heating of the upper chromo-

sphere and the corona. The supergranulation on the photo-

sphere appears to be the base of the spicules whereas no

lq



spicules appear to arise from the normal granulation. This

chromospheric network of spicules is topographically iden-

tical with a magnetic network with a field strength comparable

to plage field strengths° Thus the spicules, observed as a

fine mottling of the chromosphere, are the seats of the chromo-

spheric magnetic network:

The last layer is called the corona. It is the region

beyond the chromosphere starting at about 3500 km above the

photosphere. The outer boundary of the corona has often been
described as the outer part of the "visible" corona seen in

eclipse photographs although it is probably more realistic

to describe the entire interplanetary space as part of the

corona. The activity in the corona is evidently very de-

pendent on the activity in the chromosphere below it. The

coronal regions above plages seem to have an increased

density. A density ratio of an order of magnitude higher
than the surrounding corona has been seen above plages at a
height of 105 km. The temperature in this condensation is

somewhat higher than the surrounding corona (roughly twice)

and the magnetic field is about 2 to 6 gauss at i0_ cm (6)

The high temperature of the corona results most probably

from a flux of acoustic energy rising through the chromo-

sphere in the spiculeso Calculations have shown that the

flux of acoustic energy from a region with a magnetic field

of about 50 gauss is about five to ten times greater than the

flux from the quiet parts of the Sun. The acoustic energy

transforms into a shock wave, dissipating its energy in the

upper parts of the chromosphere and causing the increased

density and heating in the corona above it.

In addition to the above layers, another item of interest
is the "solar wind". The idea of the solar wind was first

proposed to explain the antisolar direction of comet tails
and was confirmed on Mariner Iio Data from Mariner II showed

large peaks in plasma current lasting for one or two days with

a recurrence in the solar rotational period. These peaks are

strongly correlated with terrestrial magnetic disturbances (7)

and thus also, apparently_ with central solar meridian passage

of active solar regions (8). A theory exists (9) for the

expansion of the solar plasma along a tube of flow, but the

theory cannot account for the change in cross-section of the
tube or its overall shape with distance from the Sun. Never-

theless, using reasonable assumptions, the theory provides
conclusions for the variation with heliocentric distance

of the plasma velocity and density. To obtain a complete
understanding of the solar wind, more data must be obtained

as to its temperature, velocity, and density and as to the

distance from the Sun° Parker's model (i0) of the solar

wind consists of an isotropic flow of gas radially outward

from the Sun° The general solar magnetic fields are dragged

15.



out by the outblowing solar wind° Due to the rotation of

the Sun, however, these magnetic fields would describe

something approximating an Archimedes spiral° In addition,

Parker would expect, on the basis of cosmic ray modulation

data, that the magnetic spiral becomes highly disordered

somewhere beyond the region of the earth's orbit. Mustel

describes a rather different concept of the coronal expansion.

lie envisions the expansion in terms of the continuous ejection

of isolated clouds of plasma with their frozen-in magnetic

fields oriented at random. Mustel argues that such a random

character of the magnetic fiel_ of the solar wind is consist-
ent with the observed radial and continuous motions from the

Sun of ionized gases in comet tails. The enhanced coronal

density and elevated temperature above the magnetic structure

in the spicules of the chromosphere are seen as the sources

of gas outflow from the Sun. Very slight increases in

coronal temperature cause a great increase in mass flow.

The greatest mass flow would come from the coronal condensa-

tions above the plages_ since the temperatures and densities

are a little higher here than above the spicules in the general

chromospheric magnetic network. The gas which thus escapes

from the magnetic regions of the chromosphere carries with it

the magnetic field of the region. Thus the outflow of gas

is seen as a conglomeration of individual gas clouds, each

carrying a magnetic field. The large variations seen in the
coronal occultation of radio stars are cited as evidence of

this emission of elongated plasma clouds. These plasma clouds

end up forming a rather amorphous group of "classical streamers",

which would extend out to only 0.15 to 0.25 AU. Mustel also

describes plasma emissions from faculae or young activity cen-

ters as being of a more filamentary nature. These R-rays,

as he calls them_ which move radially out_ and tend to be

wound up spiral-like at greater distances to the Sun, consist

of many thinner threads which do not expand outward, presumably

kept together by the magnetic fields they carry with them.

These magnetic fields are probably much stronger than those
,I

carried by the "classical streamers_ since they originate in

the facular regions where the chromospheric magnetic fields

are stronger. These R-rays can extend up to great distances

from the Sun and have been postulated as identified largely

with the streams of particles responsible for the 27-day

recurrent geomagnetic storms. There is apparently quite a

variance between Parker's and Mustel's concepts of the

structure of the solar wind. According to Mustel's model,

one should see intense R-rays sweeping past a spacecraft as
the Sun rotates. Then as the craft reaches about 0.3 AU_

one should begin to see the amorphous plasma which he describes

as arising from the general magnetic structure of the chromo-

sphere. The probability of intercepting the narrow R-rays

should increase with approach to the Sun. Parker's picture
shows a much more uniform winJ_ which decreases in velocity

_°



with approach to the Sun. The Mariner plasma data tends to

favor Parker's picture, but actually appears to be somewhat

of a compromise between the two. However, the Mariner data

could be equally well fitted with a model solar atmosphere

that is heated isothermally to the Earth or by one which is

heated only at the base of the corona. In order to disentangle

these ambiguities, the mean velocity, average density and
temperature of the solar wind must be known as a function of

distance from the Sun. The intensity and direction of the
magnetic field as a function of distance from the Sun are

measurements which are also vital in the interpretation of

the above theories since this acts as a memory for the dis-
Zortions and variations in the solar wind. Since these

quantities need to be measured as a function of distance

from the Sun, a deep space probe which approaches the sun

(from 0.i to 0°3 AU) could provide much useful data.

Another item of interest is the solar "flare" which is

an occasional brightening in the vicinity of a center of

activity in the upper chromosphere or lower corona. The

essential feature of the flar9 is that it has a great and
suddenly acquired density (i0 j to 10 5 times greater than the

surrounding region). It appears as many thin knots and threads

having thicknesses of about i0 km (6). The flare seems to
arise when two bipolar spot groups approach each other° The

magnetic energy density due to these groups in the high

chromospheric region far exceeds the kinetic energy of the

plasma, so that the approaching magnetic fields greatly con-

dense the plasma. T-his eventually reaches a point where

instabilities occur, causing some sort of sudden collapse
of the plasma and the subsequent optical flare. The mechanism

of energy emission is not well understood. It is very important

to the understanding of solar flares to know something about

the particle composition an@ energy spectrum of the particles

emitted. These factors are very largely unknown from measure-

ments made at I AU by the poorly understood propagation his-

tory of the particles. Since one cannot predict when a solar

flare will occur_ it is not correct to discuss planning of

vehicle position for the most significant observation of

flare phenomena. A deep space probe which approaches the

Sun (from 0°i to 0.3 AU) could provide useful data on the
solar flare phenomena if these flares were to occur when the

space probe was in close proximity to the Sun.

3A3° Scientific Objectives of the
Solar Probe Mission

It would be of considerable advantage, from the scien-

tific standpoint, to observe the Sun and its space environ-

ment from vantage points nearer to the Sun than the orbit of

the Earth. For such locations nearer the Sun, one would obtain

zT.



a better physical understanding of the Sun and its environ-

ment. That is, the nature of solar phenomena is such that

an observer at Earth is not capable of detecting all that

transpires on or near the Sun. In particular, magnetic field

configurations near the Sun may change markedly with little

or no detectable change at the orbit of Earth. Moreover,

clouds of solar plasma may be ejected from the Sun in con-

nection with many flares, or other solar phenomena. Such
effects may not produce a measurable effect at the orbit

of Earth. In addition, an observer at Earth can make only

very restricted observations of such phenomena as occur in

the solar wind. Finally, the influence of the magnetic

field and atmosphere of the Earth are negligibly small for a

solar probe near the Sun. Experimental investigations of the

solar magnetic field, in addition to yielding information

regarding the interplanetary medium and charged particle

propagation, offer a distinct possibility for adding to

knowledge of the Sun itself. An understanding of the structure
of the solar magnetic field nearer the Sun would aid in an

understanding of the corona and its change in structure with

the solar cycle. Neutrons, which are suspected as part of

the solar flare emissions, can be detected by an experiment

on the probe. A great advantage is gained by going closer

to the Sun, since the neutron half-life is short compared
to the time required for it to travel to the Earth from the
Sun.

In view of the fact that no space probe has as yet

approached the vicinity of the Sun, it is expected that the

first mission(s) will be launched essentially in the plane

of the ecliptic. That is, the trajectory of the solar probe

will lie in the plane formed by the orbit of the Earth. It

is also to be expected that later launches of the solar probe

will have trajectory planes which are inclined to the plane

of Earth's orbit. Such trajectories are of considerable

scientific interest. In particular, mapping the magnetic
field may yield much information about the structure of the

magnetic field of the Sun. Such information will aid in

the understanding of the corona and its change in structure

with the solar cycle. The particle detection experiments
will also yield much information about solar flares and solar

flare emissions. Thus, it can be concluded that the probe

travelling in the ecliptic trajectory will yield new informa-

tion. Moreover, the out-of-the-ecliptic trajectory may yield

useful information regarding the symmetry or asymmetry of the
Sun.

As space research progresses, a comprehensive under-
standing of the Earth-Sun relation and of the solar system is

emerging. Considering the past surprise discoveries, such

as the Van Allen radiation belt_ it would be somewhat

18.



presumptuous to try to predict the more important future
findings. At this time, however, it can be stated with

some confidence which of the several scientific experiments
will probably yield the more important information in the

near future using the solar probe described herein. These

more important experiments are outlined in the next section.

To summarize the preceding sections, it may be concluded

that by employing suitable experiments on board a deep space
probe, scientific contributions of some scientific merit could

be expected in the following areas:

a) the structure of the magnetic field in space and
near the Sun

il articles and galactic cosmic rays

the solar wind near the Sun

the plasma clouds

the electron density over long paths
f) the possibility of solar magnetic field line

detachments

I the solar cycle
the size distribution of micrometeoroids

the asymmetry of the above properties

This knowledge, in turn, will lead to a new insight into

the structure of the universe and permit the evolution of more

realistic cosmological models.

3A4. Experiments Considered for
the Advanced Solar Probe

The summary of the experiments considered for the

advanced solar probe is listed in the table below. The table

names the several experiments, states their objective, and

describes very briefly their function. In addition_ the

scientific merit of each experiment is listed, based upon

the majority opinion of the six members of the Experiments

Group of the Stanford University NASA Program in Space Systems

Engineering. Finally, the relative observation advantage for
a mission near the Sun is stated. The experiments selected

for installation on the solar probe are those of scientific

merit of i and z. This selection was based upon a weight

estimate for the total space craft. The experiments selected
are described in more detail in the next section.
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3Bo Description of Experiments

3BIo Introduction

The primary purpose of a space probe is the transporta-

tion of scientific instruments into regions of space that are
otherwise inaccessible. A deep space probe is one such that

it permits instruments to be placednear the Sun. There are

several important considerations for selection of instruments

in addition to their scientific merit. They are as follows:

size, weight, power requirements_ and a qualitative factor,
reliability. Space instruments in general resemble those

made for Earth applications except that they are reduced in

size, weight, and pawer requirements. In addition, they are

in genera/ better constructed, for they must withstand a more

hazardous, environment° In the final competition for payload

space, the desirability of an experiment is measured by its

scientific merit, the availability of proven instruments, and
the ease of spacecraft integration. It was on these criteria
that the final selection was made. The instruments selected

for installation are described in the next section.

In addition to the requirements listed for each of the

instruments, a general requirement may be listed regarding

the attitude of the probe. This attitude requirement is

necessary for reducing the complexity of data reduction. The
attitude of the probe should be cont_olled within - 5° , and
the attitude should be known within - i°. Another general

requirement for the instruments is a method of scanning.

Two of the instruments selected have been developed using a

spinning vehicle or a spinning coordinate system as a method

for scanning° Therefore, the method of scanning for the ICARUS

instruments involves spinning the spacecraft. The angular

speed was selected to be between 90 and i00 rpmo

3B2o F!uxgate Magnetometer

In comparing the fields measured by spacecraft magneto-

meters with those customarily recorded by Earth-based and

satellite instruments, one distinction stands out: probe

magnetometers must measure fields of from I to possibly i00

gamma compared to the 50,000 gamma at the Earth's surface (ii)o

It should be pointed out that the field in space can easily

be overwhelmed by the magnetic field of the spacecraft if

great care is not taken° Moreover, the magnetometer cali-

bration (12) may drift a few gammas and grossly incorrect
data will be telemetered° From the viewpoint of the magneto-

meter designer, the most sensitive spacecraft interface is

undeniably magnetic in character° To avoid submerging the
ambient field in that of the spacecraft, non-magne±ic materials

must be used in space craft construction and current-generated
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fields should be canceled by opposing currents. Careful

design can push the spacecraft fields down below one gamma

as it did on the Pioneer 6 and IMP (13, 14)o

The adjective "fluxgate" is derived from a key physical

feature of this magnetometer: the "gating" of the ambient

field being measured° Consider the two long ferromagnetic

cylinders shown in Fig. 3BI. Two external fields are

applied to each: Hi, the field being measured; and H o sin_Ot,
an alternating gating field impressed by the primary winding

around the cylinders. Inside the cylinders, the total im-

pressed field is H = H o sin(_ t + HI. The magnetic induction,

found from B =/_/go H, is modified Ny the saturability of

the ferromagnetic core. During the _eaks of the gating field,
the cylinder cores are saturated at ±B , and the ambient fieldo
is gated. In between the peaks, the induction is B =_/{o(H _ HI)

as shown in Fig° 3BI. The presence of the ambient field, H I
thus introduces an asymmetry into the induction cycle. It is

this asymmetry that provides the measure of the ambient field,

and the asymmetry appears only in the presence of the gating

field° If the total induction is expanded in a Fourier series_

it can be shown that the source of the asymmetry, the ambient

field_ is also the source of the even harmonics in the expan-

sion. The logic of the coil arrangement shown in Fig. 3BI is

now apparent. The oppositely wound primaries impress a gating

signal at a frequency Xo The output secondary coil is wound

around both cores and feeds a filter, which passes only the

second harmonic, frequency 2X. The fundamental and all its

odd harmonics are canceled out by the stratagem of winding

the primaries in opposite directions. The magnetometer

circuit shown in Fig. 3BI is of the open-loop type; that is,

there is no feedback of the output signal. Its output is an

analog signal whose amplitude is proportional to the ambient

field. A fluxgate can be sensitive to a tenth of a gamma
and can span the range up to thousands of gammas. In order

to reduce the space craft field to about one gamma, the magneto-
meter must be mounted on a boom about a meter long.

Specifications

Inboard

electronics

Outboard

sensor

Size 6.6 cm long by

25 cm wide by

16 cm high

cylinder
I0 cm OD x 16 cm long

22
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Figure 3BI Fluxgate Magnetometer



Power

Specifications (continued)

Inboard Outboard
electronics sensor

3.5 watts 3.5 watts for ten minutes

during calibration

Window none none

Temperature

high 390 K

low 270 K

Weight

370 K absolute upper limit
270 K

2.27 kg 0.34 kg

(cable between electronics and sensor 0.17 kg/m)

View none none

3B3. Plasma Probe

The energies, direction, and scalar fluxes making up

the interplanetary plasma can be partly sorted out by electro-
static analyzers (15). There is a superficial resemblance

between this instrument and the better-known mass spectro-

meter. While the mass spectrometer separates a monoenergetic

beam of charged particles into groups with different mass-to-

charge ratios by means of a magnetic field, the electrostatic

analyzer splits a flux of charged particles into equal

energy-to-charge ratio groups with an electric field. The

functions of the two instruments are actually complementary.

The use of both together would provide both mass and energy

discrimination, leading to unequivocal analysis of plasma

fluxes. Figure 3B2 is a block diagram of the Electrostatic

Analyzer. A positively charged particle entering the space

between the plates will be pulled downward by a negative

voltage on the lower plate. If the plates were flat, the

particle would quickly impact and be neutralized. Their

curvature, however, permits particles with a certain energy-

to-charge ratio to travel circular trajectories and reach a

detector located at the other ends of the plates. Particles

entering the space between the plates with energy-charge

ratios substantially different from that dictated by the

dimensions and applied voltage of the analyzer will collide

with the walls and not be detected. There is, of course, a

small energy range of particles which will just clear the

rims of the plates and be detected. The same is true for

particles not aligned with the particle beam shown in Fig. 3B2,
so that there is a fan of flux that will be accepted and



detected. The acceptance angle in the aximuthal plane may
be nearly 180 degrees for instruments like that shown in the
above figure. At a fixed voltage, the analyzer acts as a
narrow energy-to-charge ratio filter. Voltage stepping
allows it to sample different portions of the energy spectrum
with time. By synchronizing the detector readings with the
voltage steps, energy groups like those shown in Fig. 3B3
can be distinguished by electrostatic analyzers. Charges of
both signs can be analyzed by reversing the polarity of the
plates during the stepping process. If the incident plasma
flux consists of predominantly protons and electrons, the
analysis is quite simple. If alpha particles are present,
for example, they will be indistinguishable from protons
with the same energy-to-charge ratio. This ambiguity can be
resolved only with further separation by a magnetic field.

Specifications

Size 25 cm long by 25 cm wide by 25 cm high

Power i watt

Window 4 cm2

Temperature 390 K to 270 K

Weight 2 kg

View +
$ 50 degrees meridional plane
- 30 degrees equatorial plane
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3B4° Cosmic Ray

The cosmic ray detector is a form of a radiation tele-

scope. Different types of radiation telescopes can be dis-
tinguished by their special geometrical and/or electrical

arrangement of two or more detectors° A radiation telescope

will resolve particle energies and directions, but it will

not magnify anything. The energies of charged particles can

be measured either by a detector whose output is proportional

to the energy lost in passage by the ionizing particles or

by linear stacks of detectors which signal the depth of

penetration of a particle into the stack. Depth of penetra-
tion is related to energy° To measure total particle energy

by the pulse-height analysis method, the particle has to be

completely stopped in one of the detectors. Assurance that

this occurs must be provided by a guard detector in anti-

coincidence, which discards particles that completely pene-
trate the internal detectors° Detector anisotropy can ob-

viously be used to measure direction by scanning space with

its open or sensitive area if attitude data are available°

It is important to realize that a telescope's anisotropy, in

both energy and direction, may be due to either the geometrical

stacking of detectors or the electrical selectivity of coinci-

dence and anticonicidence circuitry of an otherwise iso-

tropic group of detectors° A block diagram of a cosmic ray

telescope is shown in Fig° 3B4, and it has three surface

barrier detectors shown as DI, D2, and D 3. Each detector
produces an electrical pulse with an amplitude proportional

to the energy lost in the barrier region by the impinging

charged particle° The detectors are connected through separate

amplifiers to five pulse-height discriminators. The discrimi-

nator D_ passes pulses representing energy losses of 400 key
or morev The four other discriminators arc set with their

lower limits at !$0 key. In addition, the discriminator D I

is connected to a height-to-time converter, which sorts pulses
into 125 channels between 180 key and 5.2 mev. The coincidence-

anticoincidence logic provides output signals when the fol-
I_ T m

lowing events occur_ DTDo; D_D2D_; and DID2D _ where the
null bar indicates _nti_olnci_enc@. When the_absorbers

placed between the detectors are taken into account, the

energy ranges represented by these three events are:

Energy Range of Primary Particles (mev)

Even_ Protons Alphas

T--

DID 2 0.80 to 15 2 to 60

DID2_ 3 15 to 80 60 to 320

D_D2D 3 90 to 190 320 to infinity

Electrons

0.18 to 0.35

no sensitivity

no sensitivity



The small alpha source shown adjacent to each of the detec-
tors in the above figure provides coincidence-noncoincidence
calibrating pulses at a constant rate.

Specifications

Size 25 cm long by 25 cm wide by 25 cm high

Power 1.5 watts

Window 2.5 cm2

Temperature 390 K to 270 K

Weight 2.0 kg

View _ 30° unobstructed view

3B5. Neutron Experiment

The aim of this experiment is to measure the flux and
energy spectrum of solar neutrons in the energy range between
i and 20 Mev. The presence of other radiation, primarily
the high energy protons, causes some difficulty in distinguishing
the neutrons from the other ionizing radiation. This can be
overcome by the use of a "phoswich". The basic theory of the
phoswich is described below.

The phoswich counter (16) selected uses four lithium-
iodide scintillators, surrounded by a plastic guard scintil-
latoro The lithium-iodide crystals are made neutron-sensitive
by using lithium enriched with Li _ isotope, which has a high
cross section for the neutron-alpha reaction. The pulses
%riggered by these alphas give a measure of the number and
energy of the primary neutrons. The proton interference is
eliminated in the following manner. A shield over the sen-
sor of 3 gm/cm2 of aluminum is used to limit the incoming
protons to those having energy greater than 50 Mev. This
will decrease the number of neutrons by about i0_, but this
can be corrected for by ground processing. The plastic
guard scintillator, connected in anti-coincidence, produces
a pulse every time a charged particle penetrates its active
volume. By discarding all the coincident pulses from both
the detectors, only neutron counts remain.

An additional factor to be considered is gamma rays oyer
the en.ergy range of 0.5 Mev to 2 Mev. These are identified
primarily through the Compton scattered electrons absorbed
in the plastic. These are distinguished from neutrons by
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the fact that the ionizing proton produced in the neutron

decay has a greater number of slow component than the Compton

scattered electrons, see Fig. 3B5.

The instrument should be capable of detecting fluxes
as high as 5 x 103 particle/cm2/sec of neutrons of energy

between i - 20 Mev. An omnidirectional sensor is desired

for this measurement. This sensor should view the Sun at

all times. Solar aspect referenced multiple sensors are

required on the spin-stabilized spacecraft.

Specifications

Size cylinders

Out board (window)

35 cm long x 18 cm OD

In board

35 cm long x 18 cm OD

Power 3.5 watts both

Window 4 cm 2

Temperature 390°K to 270°K

Weight 3.3 kg i.i kg

View 60 ° unobstructed

3B6o Dual frequency VHF Radio

Propagation Experiment

The radio propagation experiment provides a means of

measuring the integrated electron density from a spacecraft

to a ground based termainal station. This measurement is

implemented by transmitting from the ground station two

modulated, coherent radio frequency carriers, receiving the

signals on the spacecraft and determining the relative phase

and group velocity of the two radio waves. The measurements

of the relative phase and group velocity are transmitted back

to Earth by the spacecraft telemetry system°

Signal strength and conditions of phase-lock loop are

also transmitted to Earth, The two radio frequency signals

are chosen such that the higher frequency will be relatively

unaffected by the ionization along the raypath and the lower

frequency, although shifted in phase, must follow substantially

the same ray path to the receiver. In a space probe mission

0.6 to 0.8 AU from the Sun the frequencies chosen have been

approximately 50 and 400 mc/s. For a mission close in to the

Sun (0.2 AU) the higher ionization density would cause a

4



50 mc/s radio wave to follow a substantially different ray

path than the 400 mc/s radio wave° 200 mc/s and 400 mc/s

will be provided as the operating frequencies for this space

probe mission. The antenna on board the spacecraft for

receiving the signals could be a simple whip antenna extending
from the end of the communication antenna.

The rad_propagation experiment, although providing

data on the total integrated electron density along the ray

path from the spacecraft to ground and indicating any change

in this value of ionization, does not provide any information

of the location of an increase in the ionization along the

ray path. If a radio wave coherent with the radio signal
received on the spacecraft were retransmittedback to Earth

a time correlation study could be performed by a computer
relating the recorded effect of an ionization "blob" on

the down-path radio wave intensity and the delayed effect

by this same "blob" on the up-path radio wave intensity as

retransmitted back to earth from the spacecraft. Such a

system would require an additional transmitter and a medium

gain antenna on the spacecraft or the combining of this ex-

periment with the existing telemetry system. The latter

method would complicate the operation of the "Deep Space

Instrumentation Facility". The additional weight and power

required for implementing this valuable extension of the

radio propagation experiment by separate transmitter and an-

tenna on board the spacecraft suggests that the system should

be considered for inclusion at a later time with the telemetry
transmitter system and integrated with the Deep Space In-

strument Facility.

Specifications

Main Instrument Package

Weight
Power

Volume

ibs ( 2kg)
2 watts

144 in3 (225 cm3)
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IV. DATA HANDLINGAND COMMUNICATIONS

4A. Data Handling

_AI. Introduction
The purpose of the solar probe is to collect data in the

vicinity of the Sun and transmit this information to Earth.
The outputs of the experiment sensors are either analog
waveforms or counter readings. Hence, the down link (space-
craft to earth) communication system must be capable of re-
producing at the ground station waveforms that resemble the
waveforms appearing at the sensor outputs. Along with this
"experiement" data, certain "engineering" data such as space-
craft temperature, power supply voltage, etc. must also be
transmitted to the ground terminal. The purpose of the on
board data processing and communication system is to transmit
these data in some orderly fashion to the ground terminal.

Both "analog" systems and'_igital" communication systems
were considered. Of the analog modulation metho_ available,
some form of frequency or phase modulation is most suitable
because of the relatively straight forward exchange of
bandwidth for signal-to-noise ratio permitted by these
techniques. Of the digital modulation methods available,
some form of pulse code modulation is most suitable, again
because of the ease of trading bandwidth for signal-to-noise
ratio, and for a number of other reasons discussed in the
following paragraphs.

A digital system was chosen for this mission because of
the significantly greater degree of flexibility it allows.
For example, the five experiments provide more than 25 analog
(waveforms) and digital (counter reading) outputs, all of
which, along with some 50 engineering measurements, must be
transmitted to the ground terminal. The problem of multiplexing
these data is significantly easier to solve using digital
techniques. Furthermore, digital techniques permit the use
of a single on board "central data processor" (described in
section _A2) capable of performing a variety of operations
on these data°

A digital system does, however, involve a few inherent
problems that must be considered. First, consider the prob-
lem of transmitting a single sensor output to the ground
terminal. Let x(t) represent the amplitude of the sensor
output over the time interval (O,T) and, z(t) represent the
reconstructed waveform at the ground terminal. Ideally,
we would like for z(t) to be identical to x(t), but this is
not possible because of three inherent sources of system
errors°



The first error is due to the analog-to-digital conver-
sion process. Most systems time sample the analog waveform.
Unfortunately, most waveforms cannot be precisely represented
by a finite number of time samples. Besides this theoretical
error, various equipment errors enter in. For example,
to accurately reconstruct a waveform from a set of time
samples requires an ideal low pass filter which can only be
approximated with practical equipment. Although these
errors could undoubtedly be reduced by resorting to a sampling
technique other than time samples very little is known about
this area, and present day technology requires that we too
resort to time samples.

A second source of error in digital systems is due to
quantization error and is sometimes referred to as quantization
noise. Quantization error is simply the round-off error due
to replacing the actual sample value with one of a number of
preset discrete levels. This error can, of course, be
decreased by increasing the number of quantization levels,
but this, unfortunately, increases the magnitude of the
third type of error.

The third source of error in digital communication systems
is the communication channel between the spacecraft trans-
mitter and the ground-based detector. System noise results
in some detection errors, and these bit errors result in
errors in the reproduced waveform. The bit error rate can be
decreased by increasing the energy per bit transmitted.
However, this can only be accomplished (under an average
transmitter power constraint and a given receiver noise
temperature) by increasing the bit duration. Unfortunately,
increasing the transmission time of each bit implies that
fewer bits can be transmitted in any time interval. Hence,
for each sample va±ue to be transmitted, a trade-off between
the number of bits used to represent the sample value
(quantization error) and the transmission time per bit (error
due to bit errors) is possible. It follows that an optimum
trade off resulting in the least overall error exists.
However, following standard practice, we neglect the optimum
solution and independently choose quantization levels for
each sensor that result in allowable errors and a transmission
time that results in a reasonable error rate. The "telemetry
problem" is discussed in more detail in Appendix A

4A2. Central Data System

A central data system (CDS) has been selected for the
spacecraft. This system_with the use of integrated circuits,
combines in an efficient package the following functions:

i. Clock and timing generators

3£
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2o Data sampler and buffer storage

3. Prcgram storage and format

4o Data encoding and subcarrier modulation

5. Command decoding

The clock and timing generator on board the spacecraft

provide all the basic time pulses required for data sampling_

processing and storage. An elapsed time counter provides a

time word in each data frame to assist the experimentors in
establishing a time base for these data. See Fig. _A2.1.

The master oscillator of the clock system is a stable

crystal controlled oscillator operating at a fF_qu_ncy

corresponding to a power of 2. For example_ 2 m° = 262,144 Hz_

a frequency which may be easily obtained with crystal oscil-
lators. The output of the master oscillator is connected

to a series of binary counter stages and gate circuits to

provide timing pulses to the elapsed time counter, the bit

rate generator, the data sampler logic control, and, the sun

sector code generator° The data subcarrier required by the

modulation system is also extracted from the binary counter
chain.

Consideration has been given to providing for all analog

to digital conversions in the central data unit. However,
experience with other spacecraft has indicated that it is

difficult to carry the analog data from the experiment package

to the central data unit without introducing errors due to

ground loops, noise_ and contact differences of potential.

Therefore_ although a central analog-to-digital converter

is provided_ it may be necessary for some of the experiments

with analog outputs to provide their own analog to digital

conversions using timing and sequencing pulse_ from the cen-

tral data system,, Temporary buffer storage of experimental

and engineering data is also provided in the central data
system.

Space qualified experiment hardware will be available

in the next few years providing measurements at better than

0.25_ accuracy. Therefore_ an $ bit binary data word

resulting in a maximum quantization error of approximately
o20_, has been selected.

Data rates of 1024, 512, 256_ 128, 64, 32, 16_ 8 and 4,

bits per second are available on ground command.

The central data system has a program memory section

that can be loaded by ground command° This section controls

the data sequencing format and bit rate for data transmission°

The CDS represents a step toward a general purpose



computer on-board a spacecraft.

_A3. Experiment Data

The three analog outputs from the triaxial fluxgate
magnetometer are simultaneously sampled four times per
spacecraft revolution, held, and applied sequentially to the
A/D converter in the CDS. These three 8 bit data words are
then transferred to a buffer storage unit. The Sun sector
position, dynamic range, D.C. offset value, and Z axis flux
gate physical orientation codes require 8 additional bits.
Therefore_ a total of 32 bits per reading or 128 bits per
spacecraft revolution are acquired. At approximately 2
rev/sec of the spacecraft with sampling every other revolu-
tion _he data is accumulated at the rate of 128 bits per second.
Other data processing_ such as digital bandwidth reduction,
scale changing, etc0, can also be performed by the CDS.

The cosmic ray experiment is sampled in twelve sectors
of the spin axis and requires 82 bits per revolution. 12
revolutions are required for a total scan of all energy
levels up to 190 Mev. A logarithmic _cale is used to reduce
the counting rate which may exceed i0 _ counts/sec near the
Sun°

The plasma probe experiment can determine the energy

spectrum of protons over a range of i00 ev to 15_000 ev and

of electrons over a range 3 ev to 500 ev in twenty-four steps.

The experiment is sampled in 16 sectors of the spin axis and

8 collectors out of the spin plane. The plasma probe scanning

divides the active volume into 128 regions which_ combined

with the step voltage energy analysis, generates 3072 data

points. A data rate of 120 bits per spececraft revolution

is obtained by using 384 spacecraft revolutions to complete

a data cycle. A maximum flux mode of operation measures the

channel and sector number (related to Sun-pulse timing)

that contains a maximum number of particles for a given
energy range. This mode generates approximately 8.5 bits

per spacecraft revolution.

The dual frequency VHF radio propagation experiment

measures the integrated electron density over the ray path

from the spacecraft to the earth transmitting station.

By counting phase changes in a given time (up to 1024 Hz)

between the two radio waves of different frequency as they

pass through the ionized medium, the relative phase delay is

obtained_ this allows the electron density in the total

path to be computed. An analog voltage is generated pro-

portional to the group path phase delay obtained from the

coherent i0 kHz FM modulation present on both:of the radio

frequency carriers.

38,



The amplitudes of the two frequency carriers provide

additional information on the radio path to the spacecraft.

These analog signals are sampled and converted to digital

form, during the normal scientific data format, at a rate

of one sample per five seconds. A special format for the

radio proagation experiment provides thirty-two samples per

second of each radio frequency amplitude to measure the scin-

tillation of the radio signal passing through the ionized

regions of space. An indication of continuing satisfactory
operation of the radio propagation experiment is provided by
the measurement of the control voltage in the phase-lock

loop circuit. This loop stress signal is digitized and read
out at a rate of one sample per five seconds in the normal

mode of operation. The phase path counter output requires
ten bits and should be sampled at least once per second.

Other measurements need not be transmitted more often than

one data point every ten seconds.

The fast neutron experiment provides omnidirectional

detection and energy range measurement of the neutron flux.

One type of neutron counter now under consideration for use

in a solar probe detects high energy charged particles and

gamma rays as well as high energy neutrons. The individual

events are separated by pulse shape detectors that provide

separate outputs for charged particles, gamma photons and
fast neutrons. Sampling and digitizing of the pulse height

from the detector gives a measure of the energy of the incoming

particles. The CDS is used to accumulate the number of

counts in a given time for the charged particles, digitize

the pulse peak detector outputs, and provide a buffer storage.

Data is accumulated for one spacecraft revolution and these

225 data bits are read approximately once per minute.

The experiment data rates are summarized in Table 4A3.1.

Table 4A3.1

Experiment

Magnetometer

Cosmic ray

Plasma probe

VHF radiopropagation
Neutron

Engineering

Bit rate

32
8

64

16
24
16

16o

or 64

16
64

32

32
16

208



_A_. Format

The selection of a data format requires co_ordination

among the scientists with experiments selected for the

ICARUS mission. Since the spacecraft passes in close prox-
imity to the Sun an extensive engineering surveillance

requirement exists. Several forma_ configurations are
available on command from the Earth. The CDS initiates a

different data sampling rate for the different data trans-

mission rates° As an example when data transmitted at the
1024 bits/sec rate the magnetometer is sampled at 128 bits/

sec, the plasma probe at 512 bits/sec the cosmic ray detec-

tor at 256 bits/sec, the radio propagation experiment at 32

bits/sec and so on. At slower data transmission rates

several of the experiments are sampled at a greatly reduced

rate. The magnetometer data are sampled at as low a bit
rate as $ bits/sec; cosmic ray data, plasma probe, as well

as the VHF experiment are also sampled at 8 bits/sec each.

The neutron experiment could be read out once an hour or

slower if required.

A standard scientific data format is used for most of

the mission. However, special scientific formats are provided

that place emphasis on one or two of the experiments. During

the transmission of the scientific format, engineering data

is subcommutated during each frame. A frame of data consists

of 32 words, $ bits/word or a total of 256 bits. The first

word in each frame is for fram_synchronization. The second

and third words in the formats represent the time code.

Following this, fram identification and scientific subcommutation

identification are included. Figure _A_.I represents a

format layout for 256 bits/sec transmission. This format

provides the magnetometer 64 bits/sec, cosmic ray 16 bits/sec,

plasma probe 6A bits/sec, and the neutron experiment 32 bits/

sec. The engineering service is also provided with 16 bits/

SeCo At different data transmission rates some compromise

in the rate for individual experiments is required. On

command from the ground the special engineering format is

transmitted in two frames, of 26 engineering words each, a

total of 52 engineering data points. Table 4A_.I lists

the 52 engineering measurements for this spacecraft.

4A5. Modulation and Coding

The data and communication system is compatible with the

Deep Space Instrumentation Facility operated by the Jet

Propulsion Laboratory(JPL) for NASA. The down link frequency
2295 ± 5 MHz is generated by anonboard crystal controlled

oscillat Oro Assuming that the crystal frequency does not

change during launch and operation, a precise measurement of

the frequency received at the ground station may be used to

_°



Table 4A4.1 Engineering Measurements

i ,

,

Temperatures

magnetometer 1

electronic packages 8

antenna (3)

battery 4

solar cells 6

cold gas storage I

side wall (3)

26

Power System

solar cell voltage i

solar cell current I

battery voltage i

battery current i

bus voltage i

bus current i

6

,

to

Attitude Control

sun sensor (3)

cold gas storage
pressure I

mode switch

positions (5)

9

Data and Communications

TWT voltage (5)

transmitter mode (3)

receiver mode (3)

ll

TOTAL 5__22
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calculate the component of the velocity of the spacecraft

along the line between the spacecraft and the ground station.

This "one-way" doppler measuremen_ results in a velocity
calculated within an accuracy of - 30 meters/sec.

A more accurate doppler measurement is possible by

transmitting a radio frequency signal to the spacecraft at
the up-link frequency of 2115 ± 5 MHz. At the spacecraft this

frequency is converted by the exact ratio of 221/240 in a
coherent translator and then retransmitted back to the

origninating ground station. The r_eived frequency is con-
verted by the ratio of 240/221 in a coherent translator and

compared with the original transmitted frequency. The

frequency difference measures the two-way doppler shift

from which the component of velocity along a line between the

spacecraft and the ground station may be calculated to an

accuracy on the order of ± 0.003 meter/sec (i). As soon as

the uplink frequency is received and converted to the down-

link frequency, and stability is established,the converted
signal is used in place of the onboard crystal oscillator

as the exciter for the on board transmitter.

The doppler measurement yields the velocity component

of the spacecraft but not the range to the spacecraft. The

range to the spacecraft is determined by combining the velocity

data from many measurements with the antenna pointing data

and other factors into a computer program that generates a

solution to the range, velocity and orbit parameters for the

flight of the spacecraft.

Another range-determining technique, called the pseudo-

noise (PN) code system (i) requires a long pseudo-noise

pulse code to be transmitted from the ground station and then

retransmitted from the spacecraft° The returned signal is

correlated with a delayed replica of the transmitted signal

to determine the transit time, from which the range is com-

puted. Of these two systems, the PN code, though slower to

acquire_ requires less power and bandwidth and is available

in the Deep Space Instrumentation Facility°

Digital data may be impressed on a radio frequency

carrier in a number of ways. In each of these systems factors

that must be considered are simplicity of implementation,

weight, efficient use of the available power on the spacecraft,

ease of decoding at the ground station, availability of real

time data display, and complexity of ground equipment re-

quired both at the receiving station and the spaceflight

operation facility°

All data transmission in the presence of noise is

subject to error. The average error rate per information



bit (Pe) or signal error probability is related to the re-
ceived energy per bit per noise spectral density° Figure
4A_2 shows the relationship between the average error rate
and the pertinent system parameters defined in the figure.

Two modulation schemes were considered. In the first
a binary serial bit stream modulates a subcarrier by re-
versing or not reversing the phase of the subcarrier by
_T radians. This form of modulation is called differential
phase shift keying (PSK)_ a form of pulse code modulation_
and it is presently employed on several vehicles in space_
e.g. Pioneer 6. The second form of modulation which was
considered for this spacecraft consists_of several tones
generated with a specific frequency relationship between
tones and transmitted in one phase position or _ radians
reversed in phase (3)° This system with M/2 tones and the
two phase positions provides M signals° The modulation
process associated with a biorthogonal system amounts to a
data encoding device. The information bits are taken as a
group, k-bits at a time_ and encoded as a 2k-I bit wave-
form° This process requires k-shift register stages and a
k-bit buffer storage° This implies the transmission of
2k-I/k additional bits to represent the information content_
ioeo 16 bits transmitted for 5 information bits (16_5). This
system is easy to implement on board the spacecraft but
presents a formidable decoding requirement at the ground
station (3)° The system using pulse code modulation with
a phase shift keyed subcarrier that phase modulates the
radio frequency carrier has been selected after careful
study. An elementary convolutional code with a form of
maximum li_lihood decoding (4) is employed to reduce the
required transmitter power for a given data rate and error
probability.

The proposed encoding system requires two transmitted
bits for each information bit. This relation is referred
to as a half rate code or a clock ratio of 2_ The informa-
tion bit stream is read into a 24 bit shift registration and
at each count of the shift register a signal is drawn from
selected register stages to a combinational logic circuit
that produces a parity bit for each information bit. The
parity bit is inserted after each information bit in a buffer
storage unit and then fed into the subcarrier modulator. The
modulation of the subcarrier is accomplished using a non-
return-to-zero-mark-on-one system with several cycles of
coherent subcarrier per bit period, See Fig. 4A5.2.

The lowest error probability for a given power and data
rate requires phase coherent reception of the radio frequency
carrier and the telemetry subcarrier. The phase-lock loop
circuit used to obtain phase coherent reception contains a
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multiplier (mixer) with inputs which are the undetected

signal and the output of a voltage controlled oscillator.

The output frequency and phase of the voltage controlled

oscillator are controlled by a voltage obtained from the

multiplier output through a low pass filter. The band

width of the phase-lock loop circuit (the low pass filter)
is normally on the order of 10-12 Hz.

The subcarrier is demodulated by first squaring the

signal, to remove the modulation. It is divided by two,

and compared to the original subcarrier in a phase sensitive

detector. The output of this detector is connected to an

integrate and dump circuit. This system approaches an ideal

matched filter detector. The voltage level obtained is

then digitized and the voltage is returned to zero. This

procedure requires bit syncronization in order to control

the integrate and dump and digitising circuits. The bit

synchronization signal to noise ratio maybe the limiting

factor in the telemetry system. See Fig. %A5.3.

The output voltage from the integrate and dump circuit

is digitized into a 3 bit code (% levels and sign). No

firm dicisions have been made at this point as to whether

the signal represents a i or 0 data bit. The digital infor-

mation will be fed into a SDS 910 computer available at the

DSIF receiving station for decoding and decommutation of the

information. The computer performs a search procedure (6) to

determine the most probable data word. The computer program

is now being written and the demodulation equipment has been

built and operated to demonstrate an expected improvement of

3db{ to _db over the present Pioneer 6 telemetry system.



_B. On-Board and Ground Antenna, Trans-
mitting, and Receiving Systems

_BI. Introduction

Communication with a solar probe at bit rates high
enough for sufficient data transmission is difficult because
of the large distances involved. The following sections
outline the general details of what can be called a satis-
factory compromise. Topics covered are: the Deep Space
Instrumentation Facility, a discussion of the on-board
sub-system, reasons for the choice of TWTs as power output
devices, a description of the on-board antennas, listing
of the losses encountered in the system, a discussion of bit
rates associated with various missions, and the need for
on-board data storage.

_B2. Deep Space Instrumentation Facility

The antenna-tracking facilities of the DSIF consist of
85 ft. diameter cassegrain antennas located at Goldstone,
California, Woomera, Australia and Johannesburg, South
Africa. In addition to the 85 ft. antennas there is one 210
ft cassegrain antenna located at Goldstone, California. The
antennas are designed to receive signals at a frequency of
2295 ± 5 mHz. This frequency was chosen so that the sum
of the galactic _d atmospheric noise is a minimum. The 85
ft. antennas have a receiving gain of 53 db and a beamwidth
of 0.35 degrees. The 210 ft. antenna has a receiving gain
of 61 db and a beamwidth of 0.i degrees. The effective noise
temperature of the receiving system using the 85 ft. antennas
is 55° _ 10°K. The effective noise temperature of the
receiving system using the 210 ft. antenna is 25°K.

During the summer, the spacecraft near the Sun can be
tracked continuously for 12 hrs by the 210 ft receiving
antenna. During the winter, because of the Earth axis tilt,
the tracking time is reduced to 8 hours. In either season
full 24 hour coverage can be obtained with the 85 ft. receiving
systems.

At present the 85 ft. antennas are capable of simultaneously
tracking and transmitting (gain of 51 db) powers up to IOKW
for communication from Earth to the spacecraft. Also available
is an 85 ft. antenna capable of transmitting powers of IOOKW.
This 100KW system can only be used if emergency conditions
arise. Although the 210 ft. antenna does not have transmitting
capabilities, it is needed to provide increased data rates
near perihelion, 0.5 to 0.i AU. See Figs. 4B7.1 and 4B7.2.
The increased data rates will greatly improve the significance
of the scientific information gathered. Even though the 210 ft.

q?,



antenna is likely to be available for 14 to 21 days (7),
24 hour coverage can be guaranteed only if two additional
210 fh antennas are constructed. Table _B2.1 summarizes

the major parameters of the DSIF.

Table _B2.1

Gain

Antenna Listen

85 ft 53db

85 ft --

210 ft 61db

Gain & Power

Transmit.

51db 10kw

51db i00 kw

System
Noise

Temperature

55 ° T 10OK

25°K

Beamwidth

0.35 degrees

0.35 degrees

0.i0 degrees

listen transmit

frequency frequency

2295mHz 2115mHz

Although the ICARUS program is planned around the use

of the existing DSIF it is obvious from the information in

the preceding paragraph that more 210 fh. antennas are needed

with their higher (greater than 6 times the rate possible

with the 85 ft. antennas) data rate capability. These

antennas are permanenet installations and they would give

all the future space missions of any kind the added data

capacity. The saving in cost of on-board communication

equipment_ requiring an on-board power output increase of

6 to i (with associated thermal problems) to accomplish the

same data rate increase, would soon pay for adding new 210
ft. antennas. Additional antennas would also ease the DSIF

scheduling problem which becomes more severe with the increased

number of missions each year.

4B3. Communication Subsystem

The communication subsystem shown in block diagram

form in Fig. 4B3.1 is similar to, but more versatile than,

the subsystem on the present Pioneer spacecraft. The antenna

system consists of one high gain (ii db) antenna on top of

the spacecraft, one omni antenna on top of the high gain

antenna, and one omni antenna below the spacecraft. The

RF power amplifiers can be switched to take full advantage

of the available solar cell ouput energy.

Immediately after launch, but before the spacecraft is

oriented with respect to the Sun, only a small amount of



energy is used on the spacecraft. This energy is battery
supplied and the same battery is part of the power conditioning
system. Commands are sent to either of the two omnis and
their associated receivers. Choice of system is made auto-
matically by signal level. Engineering information is the
only telemetry requirement at this stage and it is sent
back to Earth by using one of the driver stages (about 200 mw)
with the upper omni antenna.

After the Sun has been acquired and the spacecraft is
properly oriented_ there is enough energy from the solar
cells to operate the 3 watt TWT. The driver then provides
the input to the 3 watt TWT through the power divider for
telemetry purposes. Command signals, after orientation, are
received by the upper omni and receiver number one or by the
high gain antenna and receiver number two. Signal levels
are compared and the higher level signal is fed to one of
the decoders. If one receiver and/or one decoder fails_
spacecraft control is maintained through the remaining
receiver and/or decoder.

As the spacecraft nears the Sun more energy is available
from the solar cells. As power becomes available the 20 watt
TWT, the 50 watt TWT, and finally the i00 watt TWT are used
for telemetry purposes° The high output power near the
Sun provides a high bit rate where data of maximum interest
is available. Note that, by changing the primary voltages,
the 20 watt TWT is used as a 50 watt ouput device. This
provides a guarantee of no more than a three db loss in out-
put if the i00 watt TWT fails.

The RF switches used are mechanical switches similar to
those on the Pioneer. Although there is some question of
their reliability, they are flight tested and they do not
have to operate many times. They are lightweight compared
with RF circulators and they produce no disturbing magnetic
fields. For the sake of reliability an additional switch
could be placed in the line of the diplexer of the high
gain antenna. If one of the other switches failed this
switch could be operated to connect the ouput of the 20/50
watt TWT directly to the diplexer.

4B_. RF Power Amplifiers (8,9)

Communication from a spacecraft at any appreciable dis-
tance from the earth depends to a great extent on the device
generating the output signal. At the frequency of 2.3 gHz
solid state devices can not generate sufficient power to
be considered and vacuum tube devices alone are suitable
for use. The primary types of vacuum tube amplifiers con-
sidered are triodes, klystrons, amplitrons and TWTs.
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Typical complete triode telemetry transmitter packages

at 2.3 gHz may offer 4-5 watts output with i0 percent overall

efficiency and a minimum life of 5000 hours. The poor

efficiency and the short lifetime rule out the use of triodes.

Klystrons are efficient and reliable at 2.3 kw but low

and intermediate power klystrons have anticipated efficiencies

no better than 20_ maximum° Electrostatically focused

klystrons are light and they_ as well as hybrid klystron-

traveling wave tubes, may be available in the distant future.

Lightweight amplitrons have been developed in the 20-25

watt range with efficiencies of 40 to 55 per cent and a gain

of approximately 17 db. They are attractive because of their

high efficiencies but there is not enough data available

to know what lifetime is to be expected from them. They may

be in the 5000 hour class. They require a complex power

supply but in the event of tube failure they have the possible

advantage that energy can be fed directly through them without

appreciable loss.

Traveling wave tubes have demonstrated typical lifetimes

of around 30_000 hrs. They are presently available in many

power ratings such as 3 watts at 20 per cent efficiency and

20 watts at 25 per cent efficiency (these figures include

power converter efficiencies.) Tests on a WJ-27_-2 indicate

that an overall efficiency of 35_ can be expected by careful

selection and matching of the tube and pwer supply. Tests

also indicate that the 20 watt tube can be operated at a

50 watt level with 40_ efficiency by changing the power

supply voltages. It seems likely that switching of the

primary voltages can accomplish the change although the
tests were made by changing secondary voltages. Watkins-

Johnson is presently developing for JPL the TWT_ WJ-395,

which will have an efficiency of 55_ (47_ with converter)

and an output power of i00 watts. The preliminary tubes

should be completed by the end of September 1966 and the

production models should be ready for delivery before the
scheduled solar mission.

A combination of TWTs_ 3 watt, 20 watt (which is used

at 50 watts)_ and the i00 watt under _evelopmedt have been

chosen to furnish the spacecraft RF output. The decision

to use TWTs was based on their long life and reliability.

(The new tube will meet NASA specifications and should have

the same life and reliability built in.) Amplitrons were
considered but their efficiencies are no better at i00 watts

than the new TWT and their dependability is unknown.

£J.



4B5. Spacecraft Antenna Systems

The spacecraft will have three separate antennas. Two

of the antennas will have an isotropic (omni) pattern; the
remaining antenna will be high gain.

The high gain antenna will be essentially the same as

the one used on the present Pioneer, with the exception that
a surface material will be added to meet the thermal condi-

tions involved. The present Pioneer antenna has a beam width

of 5.5 ° and a gain of ii db. The only modification in pat-

tern would be for out-of-the-ecliptic orbit planes as indi-
cated in section _BS.

One of the omni antennas will be located on the high gain
antenna as was done on the Pioneer. The second omni of the

Pioneer will be removed so that the cabling of the magneto-

meter and the VHF antenna can use the coxial cable space
thus made vacant.

The remaining omni of the spacecraft will be placed on
the end opposite to the high gain antenna. Since this antenna

will be located inside the skirt on the spacecraft it will

provide antenna coverage during the pre-orientation trajec-

tory° This antenna will be used only for receiving.

The upper omni and high gain antennas will both be

capable of receiving and transmitting_ therefore_ they must
be able to transmit i00 watts of power.

4B6. Communication System Losses

Tables 4B6.1 and 4B6.2 are design tables showing

power distributions in the system. The tables are self

explanatory. They are conservative estimates because they
use a figure of 8.8 db for ST/N/B, which is the value

associated with the present Pioneer coding system. The

proposed new coding scheme (discussed in section _A will

save three to four db over the present system. Also_ it

may be noted that for the 210 ft. antenna the 3 db polariza-
tion loss could be avoided with a linear feed. It is

assumed that the 85 ft dishes will use linear feeds for re-

ceiving.

4B7. Communication Data Rates

The communication data rates will change because of

two factors. The first of these factors is the changing

Earth-spacecraft distance which produces a changing space
loss of transmission power. The second factor is the dis-

continuous change in the power transmitted as the Sun-spacecraft
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distance changes.

The data rate T, in db, as a function of the various

parameters of the system is given by Eq. %B7.1,

T : PT + QT + aR - - LS -LT  B?.I

where PT is power in dbw transmitted

GT is gain in db of the transmitter antenna

GR is gain in db of the receiver antenna

_K is receiving system noise spectral density

(db/cps)

LS is space loss in db

L T is total losses in the system in db

E/(N/B) is energy/bit per noise spectral density

For the data rate calculations used in this section the

following parameters are used:

PT is variable - 3
and I00 watts

watts, 20 watts, 50 watts,

GT is 12 db

GR is 53 db for the 85 ft antenna and 61 db for
the 210 ft antenna

_K is -211.6 dbw (noise temperature of 50°K)

LS is variable as the Earth-spacecraft distance
changes

L T is 6 db

E/(N/B) is 6.7 db (psk with matched filter

detection and Pe : 10-3)

On the basis of these parameters the data rates are calculated

for a 0.i AU and 0.2 AU in-the-ecliptic mission. Figure _BT.I

is for the 0.2 AU mission and Fig. 4B7.2 is for the 0.i AU

mission. The discontinuous jumps in the data rates are due

to the changing of the power transmitted. As the spacecraft

gets closer to the Sun, the solar flux increases thus producing

more power from the solar cells. When the power gets sufficiently

_o
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high the next power level is switched on. Similarly as the

spacecraft gets farther from the Sun and the power drops the
next lower power is switched on. Table 4B7.1 shows the various

times at which the power level is changed. The Earth-

spacecraft distance and the Sun-spacecraft distance are also
shown in the same table.

Table 4B7.I

Power Switching Time Table

Power Switched

Mission Days From To

Sun-spacecraft
distance

Earth-spacecraft
distance

0.i AU 54 3 watt 20 watt 0.65 AU 0.52 AU
0.i AU 64 20 watt 50 watt 0.41 AU 0.62 AU

0.1 AU 68 50 watt i00 watt 0.31 AU 0.70 AU

0.i AU 78 ii00 watt 50 watt 0.22 AU 1.18 AU

0oi AU 81 50 watt 20 watt 0.28 AU 1.24 AU

0.i AU 84 20 watt 3 watt 0.42 AU 1.50 AU

0.2 AU 56 3 watt 20 watt 0.66 AU 0.38 AU

0.2 AU 69 20 watt 50 watt 0.44 AU 0.56 AU

0.2 AU 74 50 watt i00 watt 0.33 AU 0.70 AU

0.2 AU 96 i00 watt 50 watt 0.33 AU 1.33 AU

0.2 AU i01 50 watt 20 watt 0.44 AU 1.43 AU
0.2 AU 114 20 watt 3 watt 0.66 AU 1.62 AU

In-the-ecliptic trajectories will result in a communication

"black out" during portions of the flight. This "black out"

occurs when the spacecraft is between the Sun and Earth or

when the Sun is located between the spacecraft and Earth°

Either of these two occmrrences produces very h_gh noise

temperatures for the tracking antenna, and thus no data can

be received. The"black-out" angle is dependent on the size

of the tracking antenna beamwidth. For the 85 ft antenna
the angle is within ± 2 ° of the Sun center. For the 210 ft

antenna the angle is within T i° of the Sun center with an
increase of noise temperature to about 300OK at ± 0.5 ° .

This data shows the desirability of tracking the spacecraft

with the 210 ft antenna near the region of the communication
"black out". Table _B7.2 summarizes the "black out" times

for the 0°2 and 0.i AU perihelion missions. The communication

"black out" will be eliminated by injecting the spacecraft

into a i or 2 degree out-of-the-ecliptic orbit as indicated
in section 4B8.



Table 4B7.2

Communication "black out" times and duration for
0.i and 0.2 AU in the ecliptic orbits. (85 ft.
receiving antenna ±2o; 210 ft. receiving antenna

i ° )

Days Days
Perihelion Black out Angle beyond ends Duration

AU De_rees approx, approx. (hrs)

0.2 ±2 68 71 54

0.2 52 91 95 72

0.2 ±i 69 70 24

0.2 ±i 96 97 36
0.i ±2 70 72 42

O.l ±2 8o 82 54
0.i ±i 71 72 21

0.i ±i 80 81 27

_B8. Out-of-the-Ecliptic Communication

For a mission in the ecliptic orbit no data can be

received during the communication "black out", therefore,

the information in this region must be lost, unless the data

can be stored during this time for later transmission. The

elimination of the communication "black out" is possible,

however, by injecting the spacecraft into a non-ecliptic

orbit for which the Earth-spacecraft and Earth-Sun angle can

be made larger than the i or 2 degree "black out" angle

given in Table 4B7.2. Table 4B8.2 shows the various orbit

plane inclination angles necessary for the achievement of

the no "black out" communication angles for the first "black

out" region. For the 0.2 AU perihelion mission, the space-

craft will be injected into an orbit which is 1.5 ° out of

the ecliptic. The spacecraft will be tracked by the 210 ft.
antenna which will eliminate the communication "black out"

and thus provide continuous "in-the-ecliptic" scientific
information.

Other out-of-the-ecliptic missions are desirable so

that more complete scientific information about the Sun

can be obtained. For inclination angles greater than 3

degrees, problems of communication result if the present
fan-beam antenna is used because the antenna beam does not

always intercept the Earth. The variation of the angle

between the Earth-spacecraft line and the orbit plane is

shown in Figure 4B8.I for inclination angles of i0 ° and 20 °

for a 0.i AU perihelion. The spacecraft is injected in orbit
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so that the spin axis is normal to the orbit plane.

The proposed solution to the communication problem for

the out-of-the-ecliptic orbit requires transmission from the

omni during the early part of the flight. When the space-

craft reaches a distance of 0.3 AU from the Sun_ the trans-

mission is switched to the fan-type antenna which has been

modified. The modification produces a cone shaped antenna

pattern which is adjusted for the specific out-of-the-

ecliptic mission. The inclination angle of the cone (the

angle between the unmodified antenna beam and the modified

antenna beam) is adjusted to i0 ° and 20 ° out-of-the-ecliptic
angles. _ Figure _BS.I shows that these beamwidths will provide

high gain and thus high data rates during the important por-
tions of these missions. The modification of the antenna

beam into a cone requires adjustment of the phasing arrange-

ment of the antenna elements. If a second pass of the space-

craft is achieved_ a 180 ° rotation is necessary so that high
data rate transmission can occur from 0.i AU to 0.3 AU.

The ICARUS program provides for at least one out-of-
the-ecliptic trajectory of 15 ° . Although the perihelion

distance for an in-the-ecliptic trajectory would be 0.2 AU_

the result of injecting the spacecraft into a 15 ° out-of-

the-ecliptic orbit produces a perihelion of 0.25 AU. For

this orbit_ the angle between the Earth-spacecraft line and

the orbit plane as _ function of time is shown in Fig. _BS.I.

The main beam of the high gain antenna has been altered to

produce the pattern shown in Fig. 4B8.2 and the inclination

cone angle of 15 ° as shown in Fig. _B8.3. By using an upper

"omni"_ which has been designed so that a gain of 3 db

results_ and the modified high gain antenna of Figs. _B8.2 and

_B$.3_ the data rate as a function of time was c_icu_ated and is

shown in Figure 4B8._

Table _B8.2

Inclination angle to the ecliptic for elimination
of communication "black out"

Perihelion

(AU)

Inclination angle_@

to ecliptic

(de_rees)

Resultant Resultant

Earth-Sun Earth-Sun

Earth s/c Earth s/c

angle let angle 2nd
"black out" "black out"

(degrees) (degrees)

o.2 _ : 1.5 1 o.55
0.2 0= 3 2 i.i
0.I @ = 3.5 i 0.42
0.i @ : 7.1 2 0.84

*I0 °, with 5° beam width, and 20 °, with 7.5 ° beam width,

respectively. _.



_B9. Data Storage

For any of the orbits considered for the solar probe there
will be periods of time when communication with the Earth is
restricted because of the Sun and lack of availability of
tracking facilities. The on-board experiments require a
minimum data rate of 32 bits per second. At this data rate
the on-board tape recorder with 3 x i0 U bits capacity can
store all experimental data taken over a 24 hour period.
Although the primary communication system does not depend
on this storage ( a slightly out-of-the-ecliptic orbit
eliminates "black out") there are several other reasons for
including the storage. Storage provides backup if partial
limiting does occur. It allows easier and more flexible
scheduling of the DSIF and it is needed if one of the ground
stations fails for a short period of time.

4BI0. Test Program

The communication subsystem is made up of components very
similar to or identical to those used on the Pioneer. The
TWTs are advanced models and are designed to meet NASA
specifications. A minimum test program should be sufficient
for the subsystem. The only area that might require signifi-
cant investigation and testing is magnetic cleanliness.
(This may be troublesome because of increased magnetic fields
from the higher power TWTs.)

The antenna is a thermally redesigned Pioneer antenna
with one omni removed and the magnetometer and VHF antenna
added. There may be a need for thermal testing. The coating
to reduce thermal effects may cause changes in the antenna
pattern. These changes will have to be checked out and com-
pensated for if they are present. The antenna for out-of-
the-ecliptic orbits will require additional development and
testing because of the different pattern requirements.

The tape recorder is flight tested and reliable. It
should require no testing except for magnetic cleanliness.
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V. TRAJECTORIES AND LAUNCHVEHICLES

5A. Orbit Analysis

5AI. Introduction

The Sun, due to its mass being over one thousand times
that of the largest planet, is the dominant gravitational
field in the solar system. This means that in space a few
million miles away from any planet, a spacecraft moves in a
gravitational field closely resembling that of a simple
central force field with the Sun as the main attracting body.
Hence, the formulas and conclusions reached in two-body
problem theory and the theory of transfer orbits in a single
force field may be used with confidence in interplanetary
operations. The correction necessary for the exact trajectory
is small enough that it will not effect the choice of boosters
or missions.

In those regions where the force field of both the Earth
and the Sun are approximately of the same order of intensity,
and for precision studies, special perturbation techniques
must be used to determine the orbit of a spacecraft. How-
ever, for preliminary design and/or feasibility studies the
approximate methods, such as those mentioned above, can be
used. By using sphere of influence arguments (I), it can be
reasoned that when the spacecraft is within 0.00619 astronomical
units (AU) of the Earth, the Earth is the dominant influencing
body, while for distances greater than 0.00619 AU, the Sun
is the dominant body.

Hence, a mission from the surface of the Earth to a
region between 0.i0 and 0.20 AU of the Sun can be broken
into two phases:

l) Ascent from the surface of the Earth to the boundary

of the sphere of influence. This phase is known

as the hyperbolic escape from the geocentric orbit.

2) Transfer into heliocentric space to the region of
the Sun.

It is the purpose of this section to determine the

velocity requirements necessary to inject a spacecraft into

a heliocentric orbit about the Sun with a perihelion distance

ranging between 0.I0 and 0.20 AU. Motion both in and out of

the ecliptic plane will be considered. The use of direct

ascent and parking orbits will also be investigated. In

addition, the effect of errors in the injection velocity on

the interplanetary orbit will be determined.

7o.



5A2. Motion in the Ecliptic Plane

In this section, the spacecraft will be assumed moving
in the ecliptic plane. In the first portion the heliocentric

orbit will be considered, while in the second portion the
hyperbolic escape phase will be considered.

Heliocentric Orbit

Figure 5A2.1 shows the heliocentric orbit in question,

namely, one which has an aphelion distance, rA, equal to the

distance of the Earth from the Sun, a perihelmon distance, rp,
equal to the closest approach of the spacecraft to the Sun,

and f, the true anomaly or angle between perihelion and the
Sun-vehicle line. If the orbit of the Earth about the Sun

is taken to be circular_ then, the velocity of the Earth is
given by

5A2. i

where

G is the universal gravitation constant

_ is the mass of the Sun

Now

and

hence,

I'_ = 9a xID _ ml'/e& = /_-_ XJo _.m

5A2.2

The distance of the spacecraft from the Sun is given by

I-¢
= l+ co 1 c 5A2.3

where

is the semi-major axis

is the eccentricity

is the true anomaly, measured from perihelion
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Figure 5A2.1 Heliocentric Orbit of the Spacecraft



At perihelion f = 0, hence, the distance from the Sun becomes

ap : _(i-_) 5A2.4

while at aphelion f = 180 ° and the distance from the Sun
becomes

These two equations combine to give

_A I+e

5A2.6

or, upon solving this equation for e we obtain

-_ 5A2.7

/_ + Ap

The velocity at any point in the heliocentric elliptic
orbit is given by

5A2.8

If Eq. 5A2.4 is substituted into Eq. 5A2.8 then the velocity

at perihelion is found to be given by

= (Vp_ _ '÷_ I 5A2 9_- l-e /

Similarlyj by substituting Eq. 5A2.5 into Eq. 5A2.8 the velocity
at aphelion is obtained as

v; 5A2. i0

The time for the spacecraft to go from its "launch" point

at aphelion to a point nearest the Sun is given by

5A2. ii



Figure 5A2.2 shows a plot of the eccentricity_ the
velocities at aphelion and perihelion_ and the time to go
from aphelion to perihelion as a function of the perihelion
distance_ r_. This information will be useful in making
booster selections in the consideration of trade-off costs.

Geocentric Orbit

The orbit dynamics of a solar probe involves essentially

escape from the Earth and then motion about the central body,

the Sun. In the previous section the motion of a spacecraft

about the Sun was investigated. Now the escape phase of the

mission will be investigated.

It is well known that motion about a central body may

be either elliptical_ parabolic_ or hyperbolic. In general_

however_ motion will be elliptical in order to minimize

energy. It is also well known_ from two-body theory_ that

escape from a body involves in the limiting case_ parabolic

velocity. However_ a parabolic orbit would require a longer

time in order to escape_ hence_ in genera!_ hyperbolic orbits
are used to provide escape from the Earth's attraction.

The velocity for a spacecraft moving along a hyperbolic

orbit is given by

v +k)
P

at r =

becomes
the escape distance from the Earth_ the velocity

v2 - 5A2.13

This velocity is often called the hyperbolic excess velocity.

Hence_ the velocity at any point along the hyperbolic orbit

is given by

Of importance in this problem is the velocity required
at burnout in order to inject the spacecraft into a hyper-

bolic orbit. This velocity will be denoted by V b and can be
obtained from Eq. 5A2.14.

By inspection of Eq. 5A2.14 it is seen that as the

radius vector increases_ the actual velocity approaches the

hyperbolic excess velocity. Similarly_ the distance between

the hyperbola and the asymptote becomes small as r increases.
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Hence, at large values of r we can safely assume that the

body is moving along the asymptote at the hyperbolic excess

velocity.

In the present case, the Earth is assumed to be moving

about the Sun in a circular orbit. In addition, the Earth

is also rotating. In order to take advantage of the Earth's

motion the vehicle is launched as shown in Fig. 5A2.3. From

this figure and from the considerations of minimum energy

transfer it is evident that the escape portion of the hyper-

bola must be oriented nearly parallel to the Earth's velocity

vector about the Sun. Hence, for this inferior transfer

V_ subtracts from the orbital velocity of the Earth. That
is

= WE - 5A2.15

where V t denotes the transfer velocity. Since transfer
takes place at aphelion of the heliocentric ellipse, then

V t = V A and from Eq. 5A2.15

- 5A2 16

For initial estimates it is also safe to assume that

and

Figure 5A2.4 shows values of V_

Direct Ascent

as a function of rp.

In order to obtain the booster requirements for launch,

the "ideal velocity" of the rocket, that is, the velocity of

a rocket without gravity or drag losses, required to launch

the vehicle into the escape hyperbola is necessary.

The energy equation within the sphere of influence of

the earth is given by Eq. 5A2.1_. If the burnout velocity,

Vb, is assumed to take place on the surface of the Earth, then

Re 5A2.17

where in this case #= GM E = 1.408
3.986 x 105 km3/sec 2 '

x 1016 ft3/sec 2 =



Figure 5A2.4 shows how the injection velocity, Vb,
varies as a function of rp.. From this plot it is seen that
for a 0.i0 AU mission an injection velocity of around
67_000 ft/sec (20.4 km/sec) is required. At 0.20 AU the
injection velocity is seen to fall off to about 55,000 ft/sec
(16.6 km/sec). The meaning of these injection velocities,
in terms of booster requirements and payload capabilities,
will be discussed later.

Parkin_ Orbits

In most interplanetary, lunar, and orbital flights,

performance optimization and systems considerations have

shown that it is usually most efficient to park in a low

altitude orbit and at the proper location :_ injec:t/int0

the transfer orbit. For round trip missions, these parking

orbits can be used as storage dumps about the Earth and des-

tination planet. In addition these orbits could be used in

order to check out any equipment and to make any necessary
corrections to the orbit before launch into its transfer

orbit. From many previous studies (I) a parking orbit of
around i00 nautical miles has been found to be ideal. For

this reason the velocity requirements for transfer from a

i00 n.mi. circular orbit into a hyperbolic orbit will be
determined.

Consider the situation as shown in Fig. 5A2.5.

conservation of energy

a f,, 2_ y,,, a

From the

5A2.18

Now,

V=V,+a v 5A2.i9

where _V is the velocity increment required to transfer from

the circular orbit into the hyperbolic escape orbit. If

Eq. 5A2.19 is substituted into Eq. 5A2.18

[aGUE V®
4V= L J. 5A2.20

Figure 5A2.6 contains a plot of _ V as a function of

the perihelion distance for transfer out of a i00 n.m. circu-

lar parking orbit. Here it is seen that a _V of around

_i_500 ft/sec (12.65 km/sec) is required for a 0.i0 AU

mission while only 30,000 ft/sec (9.15 km/sec) is required
for a 0°20 AU mission.
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Figure 5A2.5 Transfer from a parking orbit
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Position versus Time for the Heliocentric Orbit.

The equation describing the radial distance, r, of the space-

craft from the Sun is given by

o.(i-
= 5A2 21

I+ e _os_C

The time required for the spacecraft to go from perihelion,

f = 0, to any other point on the orbit can be shown (4) to

be given --bY'IL[.__t_-' ( l_'_e'-__. _)

e. W,,f -I 5A2.22
/+ e cas./c ./

This equation in non-dimensional form, _'= 4'_ a "v_" , is

shown plotted in reference (4). Hence by utilizing that

plot along with Eq. 5A2.21 a time plot of the position of the

spacecraft is obtained. These time plots are shown in Fig.

5A2o7 for both the 0.i0 and 0.20 AU missions. The respective

times are 74.5 and 85 days to reach perihelion and gives some

indication of equipment reliability requirements.

For communication purposes it is necessary to know the

trajectory of the spacecraft with respect to the Earth-Sun

line. Fig. 5A2.8 shows this trajectory for two complete

orbits of the spacecraft about the Sun. Again, only 0.i0
and 0.20 AU missions are shown.

5A3. Motion out of the Ecliptic Plane

In the previous sections the velocity requirements for
orbital missions in the plane of the ecliptic were considered.

In this section the requirements for motion out of the ecliptic

plane will be determined.

Figure 5A3.1 shows the relationship between the ecliptic

plane and the spacecraft's orbit plane. The angle of inclina-

tion between the two planes is denoted by i.

The heliocentric orbit in this case is the same as for

motion in the plane of the ecliptic. Hence, the velocities

at aphelion and perihelion, the eccentricity, and the time

of flight from aphelion to perihelion can all be obtained

from Fig. 5A2.2.

_f



As for the geocentric orbit, much of what was said

earlier can also be said here. However, Eq. 5A2.16 in this

case must be written as a vector equation, namely,

_.o'- _ - _ 5A3.1

In this case the excess hyperbolic velocity is given by

= 5A3.2

and the burnout velocity for direct ascent is given by

where

Figures 5A3.2 and 5A3.3 show plots of V_ and V b as

functions rO and io By use of these plots it is possible to
translate the results into booster requirements and payload

capabilities. This will be done in a later section.

5A4. Effect of Injection Velocity Errors on Perihelion

It can be shown without much difficulty, see for instance

reference i, that an error in the injection velocity and hence,

an error in the velocity at aphelion can be translated into

errors in perihelion distance by the following expression,

namely,

Hence, an error of -_00 ft/sec in injection velocity results
in a rp of 6 x 10 -4 AU, a negligible quantity.

5A5. Discussion on the Use of Gravity Assists

Niehoff (5) presents some analytical and numerical results

of gravity assisted trajectories to the Sun. Niehoff shows

that a large reduction in ideal velocity can be achieved by

a Jupiter swing-by. A comparison of the velocity requirements

and time of flight for a direct flight and for Jupiter fly-by
missions is shown in the table below.

me
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Table 5A5.1

Direct Flight
Mission

Total

Velocity

Perihelion Required

(AU) (ft/sec)

0.5 40,000

o.4  3,ooo
0.3 _8,000
0.2 55,000

0.i 66,500

0.05 76,700

Solar Impact 104,000

Jupiter Fly-by
Mission

Total

Time of Velocity Time of

Flight Required Flight

_days) (ft/sec) (days)

120 46,500 1570

Ii0 47,000 1520

95 _7_500 1475

9o a8,0oo 142o
75 48,500 1350

72°5 49_000 1310

70 50,000 1270

While launch opportunities occur yearly for the Earth-Jupiter-
Sun probe mission_ long trip times, on the order of three

years, decrease spacecraft reliability andpresent the hazard

of having to go through the asteroid belt twice. In fact_

as much as 400 days of the trip could be spent in the asteroid

belt. In view of these uncertainties it is proposed that for
the 0.2 AU regime direct flight missions be utilized. For

flights in the regime 0.2 AU to 0.i AU direct flight missions

are technically feasible with existing boosters. It may be,

however, that by 1970 the Jupiter fly-by technique will be
developed not only for solar probe missions but also for

90 ° out of the ecliptic missions, for Jupiter exploration, and

for flights to the remote planets. If this is the case then

economic considerations at that time may favor the Jupiter

fly-by technique as the approach for exploring the near solar

regime between 0.2 AU and solar impact.

Time considerations did not allow a study of possible

uses of either Venus or Mercury for gravity assists to the

Sun. However, the added complexity and weight penalties that

might be required for accurate guidance to these planets may
well rule them out also.

Go



5B. Launch Vehicle

Launch vehicle ideal velocities required to obtain peri-

helions of interest are between 50,000 and 70,000 ft/sec.
(See Fig. 5A2._ and 5A3.3). The payload is a "Pioneer-

like" spin stabilized spacecraft which weighs between 150 and

250 pounds. Thus, only those lauch vehicles which perform
within these general weight and velocity constraints have

been considered. General performance capabilities for several

launch vehicles are shown in Fig. 5BI.I. This information has

been compiled from several sources listed in the references,

but the bulk is from reference (6).

The cost of _he launch vehicle is an equally important

consideration. Table 5BI.I lists the estimated 1970-1975

production costs of various launch vehicles which can perform

within the weight and velocity ranges of interest. (The present
Thor/Delta and Improved Thor/Delta are shown for reference

use only.) It is apparent that launch vehicle costs for a

0.2 AU mission will be about 4 times as large as those of

the present Pioneer (0.$ A U), and about 12 times as large
for the 0.i AU mission.

Figure 5BI.I shows four vehicles whose performance

characteristics penetrate the region of interest: Atlas/
Centaur/Kick, Saturn iB/Centaur_ Saturn IB/Centaur/Kick,

and Saturn V. The Atlas/Centaur/Kick combination is the

least expensive booster capable of the 0.2 AU mission.

Unfortunately the kick stage referred to in Fig. 5BI.I is
a hydrogen-fluorine propelled 7000 lb. thrust vehicle which

will not be available during this program. (l_in fact_ may
never be developed.) Thus, use of the Atlas/Centaur vehicle

hinges upon the availability of an adequate kick stage, or
stages.

A review of ai] the current kick stages revealed three

satisfactory candidates. They are: (i) X-259-A3, the third

stage on the existing Scout vehicle, (2) FW-4S, the fourth

stage on the existing Scout vehicle, and (3) TE-364-3, the
retro-rocket on the existing Surveyor lunar vehicle. All

three of these are solid propellant rockets. Important
specifications of these stages are summarized below.

Stage Average Vacuum Initial Burnout

Designation Thrust(ibs) !sp-sec Weight(ibs) Weight(ibs)

i. X-259-A3 22,620 280 2780 200
2. FW-ZtS 5,940 28_ 660 52
3, TE-364-3 6_i00 288 1585 130



Information contained in the above chart was used in the

"rocket equation"

to obtain ideal velocities as a function of payload for each

of these stages. The equations are:

Stage Designation Equation

x-259-A3 a v=  zzo÷fas°°+l )5m.2

FW-4S AM= _/50 I_ (TZ-/'-P_80+P'_./ 5BI.3

TE-364-3 A V = @2_0 In/I_L_5-I-P_ 5BI.4
/5o +P)

These equations allow 20 Ibs for rocket to payload interstage
structure in addition to P, the weight of the payload. The

calculations are summarized in Table 5BI.2. Total launch

vehicle velocities were obtained by adding the kick stage

ideal velocity to the "correct" Atlas (SLV-3X)/Centaur

velocity. Total velocities using the X-259-A3 are slightly

higher than those using the TE-364-3 for payload wieghts
above 200 Ibs., and both are better than the FW-4S.

It is possible to obtain an additional increase in

velocity by "stacking" various combinations of kick stages.
The three combinations shown below are the most effective.

Scaled sketches of these combinations are shown in Fig. 5BI.2.

Combination A Combination B Combination C

Stage 3 TE-364-3 X-259-A3 X-259-A3

Stage 4 FW-4S FW-4S Te-364-3

Ignition

Weight(Ibs) 2375 + P 3600 + P 4500 + P

where P is payload weight

_o
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Table 5BI.I

ESTIMATED COSTS - LAUNCH VEHICLES

Vehicle Production Cost*

(in millions of dollars)

T_0R/DELTA
TAT/DELTA/TE-364 -3

ATLAS/AGENA

ATLAS/CENTAUR
ATLAS/CENTAUR/KICK**

SATURN IB/CENTAUR***

SATURN IB/CENTAUR/K!CK**

SATURN V

2.5
3.5
8.6

12.0

16.o
_l .o
45.o

125 .o

* Does not include development costs

** A theoretical high energy kick stage which assumes use

of a 7000 Ib thrust hydrogen-fluorine propulsion system

*** The Titan III C/Centaur system utilizing two seven

segment solid "strap-on" rockets has about the same cost

and payload capability as the Saturn IB/Centaur system.
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Table 5Bi.2

Stage

Designation

X-259 -A3
H

H

T!

11

H

H

Fw-4s

TE-364-3

Payload
wt. in ibs.

400

35O
3oo
25o
20O
15o
I0O

400

35o
3OO
25O
2OO

15o
I00

400

35O
3oo
25O
2oo
15o
IO0

Ignition
wt. in Ibs.

3200

315o
31oo
3o5o
3oo0
295o
29oo

lO8O

1030
980
930
88o
83o
78o

2005
1955
1905
1855
1805
1755
1705

Stage
-ft/se_ V

14,83o

15,45o
16,15o
16,970

17,80o
18,85o
20,000

7,720
8,350
9,040

9,91o

Ii,OOO
12,390

14,210

11,95o
12,600

13,350
14,200

15,200
16,4o0
17,850

Total _V

-ft/sec

50,930
51,65o
52,45o
53,370
54, 3oo
55,4oo
56, 6oo

48,520
49,250
50,o90
51,11o
52,4o0
53,900
55,8o0

50,500

51,25o
52,15o
53,15o
54,250
55,550
57,1oo



A comparison of the performance of these "combination kick

stages" and the three single kick stages is shown below.

Number of

Rockets
Stage

Designation

Ignition ±

Weight (Lbs) <

Total Vehicle

Velocity - ft/sec

2 Combination A 2575 56,000

2 Combination B 3775 56,100

2 Combination C 4675 55,700

1 FW-4S 88O 52,4OO
i TE-364-3 1805 54,250

i X-259-A3 3000 54,300

(These figures were derived on the basis of a 200 lb. payload,

20 Ibs. of structure between the last stage and payload, and

a 75 lb. structure between the third stage and fourth stage.)

Combinations A and B both yield a velocity gain of about 1700

ft/sec over the best "single rocket" kick stage, and the

velocity gain grows to about 2200 ft/sec for a 150 Ib payload.

Combination A is the best of the "combination kick stages"

for the following reasons:

} delivers maximum velocity for payloads of 150-200 Ibs
occupies smallest volume

contains minimum weight

The small volume of combination A will fit inside a modified

Surveyor fairing while B and C would require a completely new

fairing. The weight of Combination A reduces the task of

distributing booster acceleration loads to the Centaur struc-

ture. (The Centaur structure needs to be reinforced whenever

the weight it carries is greater than 3500 Ibs.)

Performance characteristics of the Combination A assembly

are tabulated in Table 5BI.3. The corresponding payload

injection velocities for the Atlas (SLV-3X)/Centaur booster

and the Saturn IB/Centaur booster are shown in Figures 5BI.3

and 5B1.4 respectively. The data is tabulated for two inter-

stage (structure)weights, 50 Ib and I00 Ib, because the

performance is rather sensitive to this parameter.

The best "single kick stage" of the three satisfactory

candidates is the TE-364-3. The arguments offered for selection

of this stage over the other two are identical to those

arguements put forth for Combination A. In addition, the

present Surveyor fairing would serve without modification.



The choice between the TE-364-3 kick stage and the
Combination A kick stage assembly must include consideration
of the velocity performance of each. The single kick stage
has an obvious advantage in terms of size, weight, and
reliability which it buys at the expense of performance.
Typical performance parameters for the two kick stage
candidates are shown below. (A payload of 160 ibs is assumed.)

Kick Stage
Burnout Velocity

ft/sec
Orbit Orbit

Perihelion Inclination
AU

Combination A 57,500 0.172 0°
0.227 15 °

TE-364-3 55,300 0.194 0°
(single stage) 0.256 15°

The two stage Combination A weighs 800 pounds more than the
single stage TE-364-3, but is still well within the struc-
tural weight limits of the Centaur. Other factors which
favor the Combination A kick stage assembly are accessibility
of the interstage structure and utilization of existing
Pioneer attachment geometry. Fairing considerations favor
slightly the choice of the single kick stage because the
Centaur Surveyor fairing would fit this assembly. However,
all things considered, the final choice is for the maximum
performance vehicle, the Combination A kick stage assembly.

Payload fairing and interstage geometry are shown Jn
Fig. 5Bi.5. The existing Surveyor fairing must be extended
60 inches (80 inch extensions are permitted) to cover the
Combination A kick stage and payload. A new spin table
must be developed to fit on the Centaur (near Station 160.0).
A spin table patterned after the Thor/Delta would weigh about
i00 ibs. Spin table, experience gathered from the Thor/Delta
and Scout vehicles should make this a "state-of-the-art"
design that requires little development testing. Centaur
to third stage separation will be accomplished by an ex"
plosive band c&amp and centrifugally opening "petal leaves".
Third stage to fourth stage separation will be accomplished
as it is presently being done on the Scout. The "spin-up"
mechanism is a combination of several PET rockets arranged
on the upper surface of the spin table. The exact number
of PETS is determined by the spin moment of inertia and the
desired angular velocity. A thrust dispersion analysis
must be performed to determine the necessary spin rates,
but there are no obvious reasons for spin velocities to
exceed those of the Thor/Delta or Scout, i.e. I00 to 160 rpm.
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Modified Surveyor
Fair ing

Fairing Insulation
and Structure

trument Package

Solar Cell Skirt

S_%Wf "E" Section
Interstage Connector

FW-4S

Payload
Envelope

Barrel

New Interstage Connector

TE-365-3

i New Interstage Connector(spins)

\
\

--New Spin Table
(Approx. Centaur

Station 160)

Centaur Forward Bulkhead

Figure 5B1.5 Fairing and Upper Stage Geometry



Table 5BI.3

COMBINATION A KICK STAGES IDEAL VELOCITIES

I00 Ib Interstage Structure

Payload
wt. in Ibs.

Ignition Combination A Total _V
wt. in Ibs. AV - ft/sec ft/sec

600 2975 12,120

500 2875 13,240

400 2775 14,420

300 2675 16,070

200 2575 18,430

I00 2475 21,960

48,52O
49,740

51,12o

53,O2O
55,530
59,210

6oo

5oo
4oo

3oo
2oo

IOO

50 lb. Interstage Structure

2925 12,140 48,700

2825 13,340 49,920

2725 14,770 51,595

2625 16,520 53,545

2525 18,900 56,075

2425 22,650 59,975



A typical sequence of events for a direct ascent
injection is shown for reference use below: (Atlas/Centaur/
TE-364-3/FW-4S)

Time (sec)

00

15
85

156
159
172

223

235
240

241

249

625
628
640

641
642

710

713
714

742

745
755

Event

Liftoff. Roll occurs for first 15 seconds

Pitch starts for zero-lift path

Maximum dynamic pressure

BEC0-Booster engine cutoff
Booster package jettisoned

Centaur insulation jettisoned

Centaur payload fairing jettisoned (solar cell

power available)

SECO-Sustainer engine cutoff

VEC0-Vernier engine cutoff
Centaur stage separates

Centaur main engine start
Centaur cutoff

Centaur orientation

Spin up

Centaur package jettisoned

Third stage ignition

Third stage burnout

Third stage jettisoned

Fourth stage ignition

Maximum thrust acceleration (approximately

26 g's)

Fourth stage burnout

Fourth stage jettisoned

Typical Saturn IB/Centaur boost parameters are shown in

Fig. 5BI.6. The peak values are comparable to those of the

Atlas/ Centaur booster. Shock and vibration loads placed

on the payload by the last stage (FW-4S) can be found in
The Scout, reference (I0).

I0i
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Vio MECHANICALDESIGN OF SPACECRAFT

6A. Spacecraft Configuration

6AIo Selection of Configuration

In order to select the spacecraft configuration, it was
necessary to satisfy certain requirements established by
termal control primarily, and power generation, experiments,
and communication to a lesser degree. Many design alternatives
were considered - for example, spinning or nonspinning vehicle,
solar cells or solar thermoelectric or RTG power supplies, para-
bolic or fanbeam antenna, shielded or unshieided spacecraft,
articulated or non-articulated concept, etc. The final space-
craft configuartion is presented in the following paragraphs.

6A2. Spacecraft Dimensions

An overall view of ICARUS is shown in Fig. 2Di. I with
dimensions given in Fig. 6A2.1 and Fig 6A2.2. The spacecraft
consists essentially of a conical body containing the experi-
ments of a conical solar cell array supplying the power.
Differing power requirements for 0.i AU and 0.2 AU perihelion
missions necessitate changes in the solar cell array. This
is discussed in detail in Section 6D.

6A3o Spacecraft Weight Data
The anticipated weight data for ICARUS is given in

Table 6A3olo The table is based on the 0.2 AU mission. For
the 0oi AU mission_ the solar cell power supply and supporting
structure increase 2.73 kg (6°0 Ib) in weight, giving a total
spacecraft weight of 74°26 kg (163.35 ib) o Realizing that
this report constitutes only a preliminary design for a
flight in Spring 1971, many of the weights should be taken as
engineering estimates° Nevertheless the data is believed to
represent reasonable estimates, and clearly shows that a
0.I - 0.2 AU mission spacecraft can be built for considerably
less than 200 pounds gross weight.

Table 6A3.1
STRUCTURE

Bottom Equipment Piazform

Top Equipment Platform

Thrust Cylinder

!nterstage Support Ring

Payload Fitting

Antenna Supports

Wobble Damper

WEIGHT

kilograms
i .91

1 27

0 91
o o8
o 44
o 45
0 23

pounds
4 20

2 80

2 0

0 18

0 97
i 00

o 5o



Table 6A3.1 (continued)

Sola_ Cell Connecting Ring
Solar Cell Supporting Structure
Hardware

SOLAR CELL ARRAY

Cells_ Glass, etc.

ORIENTATION

Nitrogen Bottle and Support

Nitrogen

Valve (Solenoid)

Regulator
Nozzle

Pressure Transducer

Pressure Switch

Plumbing and Supports

Logic
Fill Valve

Sun Sensors

1.36 3.0
4.28 9.4
O.55 1.2

12.53 27.55

6.82 15.0
6.82 15.0

i. 35 2.97

0.65 1o43

o.2 o .44
0.45 I oOO
o. oo45 o oOl
o.o95 o.21
o. 054 o. 12
o.21 o.46

o. 4.45 o. 98
o.o9 o.21

0.5 i_io
h.o5 8.93

THERMAL CONTROL

Bottom Louvers

Top Louvers
Insulation

Optical Solar Reflector

ELECTRICAL POWER

Battery
3 watt TWT Converter

i00 watt TWT Converter

Power Conditioner

ELECTRICAL DISTRIBUTION

Cabling

1.28 2.82
Z. 17 2o 58
2.50 5.5O
0.70 i. 54

5.65 12.44

O. 91 2. O0
O.4-6 l. O1
4. 6 10.12
2.73 6.OO

8.70 19,13

1.82 4.,00
Z.82 4..00

io¥.



Table 6A3.1 (continued)

DATA HANDLING

Central Data Process

COMMUNI CATIONS

Receivers (2)
Transmitter Driver

3 watt TWT

20/50 watt TWT and Converter

i00 watt TWT

Diplexers (2)

Tape Recorder

Coax Switches (6)
Power Divider

Fan-beam Antenna

Omnidirectional Antenna (2)

TOTAL SPACECRAFT WEIGHT

WITHOUT EXPERIMENTS

5.45 12.00
5.45 12.00

2.27 5.00
1.36 3.00
0.36 0.79
3.19 7.00
1.14 2.5O
0.91 2.oo
1.36 3.oo
o.55 1.21
0.27 O.6O
o.915 2.oo
o.91 2.oo

13.23 29.1o

58.25 128.15

EXPERIMENTS

Magnetometer Inboard

Magnetometer Sensor
Plasma Probe

Cosmic Ray
Neutron Phoswich Inboard

Neutron Phoswich Outboard

VHF Radio Propagation

TOTAL SPACECRAFT WEIGHT

2.27 5.0
0.34 O. 75
2.0 4.4
2.0 4.4

3.3 7.25
1.1 2.4

2.27 5.0
13.28 29.2

71.53 157.35

6A4. Spacecraft Mass Distribution
and Moments of Inertia

Most of the necessary equipment for the opeation of ICARUS

is mounted on the bottom and top platforms. The top plate

carries only those components which must be provided a view

outside the spacecraft; the equipment distribution is shown

on Fig. 6A4.1. The bottom plate carries the remaining compo-

nents_ as shown on Fig. 6A4.2 and Table 6A_.I.



Body Cone Area

1.98m 2 = 21.28 ft 2 I
I

i. 32m

52.0"

Body Cone Area
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1_
I-

0.5m
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I .035m
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Solar Cell Area =

2.79m 2 30.0 ft 2

Figure 6A2.1 Dimensions for 0.2 AU Spacecraft



Since the spacecraft is spin stabilized, it must be

both statically and dynamically balanced. Static balance

means that the spacecraft center of gravity (c.g.) must be

located on the spin axis, while dynamic balance implies

that the line of maximum principal moment of inertia must

be parallel to the spin axis. To help achieve these re-

quirements, the weights on each plate have been positioned

so that the equipment Cog. is on the spin axis. Further-

more, it is desirable to locate the nitrogen gas system

c.g. at the spacecraft c.g. so that utilization of the gas

will not change the location of the spacecraft c.g.

Figure 6A4.3 shows the location of the spacecraft c.g.

for both the 0.i and 0.2 AU missions. The moments of in-

ertia with respect to axes through the c.g° are also recorded

on that figure. (See Figure 7BI.2 for the ICARUS coordinate

system.)

Table 6A_.I

Bottom Plate Equipment Identification Table

Equipment Equipment
Number Item Number Item

i 3 watt TWT ii Diplexer

2 3 watt TWT 12 Coax Switch

& Power

Converter 13 20 watt TWT
& Power

3 Coax Switch Converter

I00 watt TWT 14 Coax Switch

5 i00 watt TWT 15 Central Data
& Power Processor

Converter
16 VHF Radio

6 Coax Switch Propagation

7 Transmitter 17 Battery

Driver
18 Tape recorder

8 Power Divider

19 Diplexer

9 Fiuxgate

Magnetometer 20 Coax Switch

i0 Neutron 21 Coax Switch

Phoswich (I)

iOZ



Equipment
Numb er

22

23

Item

Power

Conditioner

Receiver

Table 6A4.1 (continued)

Equipment
Number

24

Item

Receiver
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Figure 6A2.2 Dimensions for 0.I AU Spacecraft



6

X

Y
Total Weight of Equipment on Top Plate: 6.3 Kg

Equipment Equipment
Number Item Number Item

r

I Cosmic Ray
Probe 5 Sun Sensor

2 Plasma Probe 6 Sun Sensor

Sun Sensor3

4 Sun Sensor

Neutron

Phoswich (01)
7

8 Sun Sensor

Figure 6A4.1 Top Equipment Plate

- /10
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0.127m (5.0")

-.<..
I_ : 15.5 kg m 2 = 53,000 Ib in 2 = 11.4 slug ft 2

The c.g. location and moment of inertia values are approxi-

mately the same for both the 0.i AU and the 0.2 AU Mission.

Figure 6A4.3 Spacecraft C.G. Location and Moment of Inertia
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6B. Materials and Structural Design

6BI. Spacecraft Structural Materials

In structural design, the selection of materials is

usually made on the basis of weight, strength_ stiffness_
cost and experience in the design and fabrication of the

material. To do this properly, the designer must know the

mechanical and physical properties of all potentially useful

materials, how the conditions imposed by the environment to

which they are subjected influence them, and their cost

effectiveness in the fabricated system° For a solar probe

spacecraft like ICARUS_ the environmental conditions which

are of interest to the structural designer are_ aside from

the usual ground handling and boost environments:

i. Magnetic fields
2. Vacuum

3. Radiation

4o Solar heating

5o Meteorites

In the following a brief description of each of the above

environmental conditions and how they might be expected to

influence material properties is given. The discussion will

be limited to only those materials (metals_ alloys and struc-

tural plastics) which have a reasonable probability of

satisfying the solar probe mission requirements and are avail-

able to the designer. The candidate materials and some of

their representative mechanical and physical properties are
listed in Table 6BI.Io

Magnetic fields

The presence of magnetic fields of variable intensity
and their influence on orientation dictates that the space-

craft structure be made of non-magnetic materials. All of

the materials listed in Table 6BIol satisfy this requirement.

Vacuum

Some of the effects on materials associated with a very

low pressure environment are:

i) Reaction of the surface with high energy atomic and
molecular particles which causes loss of material through

sputtering° This action can destroy some surface coatings,

but results in no serious structural damage. However,

the possible contamination of the spacecraft instruments
and local environment makes such behavior undesirable.
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2) Material lost by evaporation when the atmospheric

density is sufficiently low. The loss of material by
direct evaporation in space is insignificant for alumi-

num, ber_llium and titanium (i). For magnesium it amounts

to _xlO -_ in/yr at a temperature of 513°K.

3) Mechanical properzies of the structural material are

affected by the partial or complete loss of the surface

film of gas which covers all materials at normal atmos-

pheric pressures. Except for a small loss in fatigue

life, no strengthening or weakening effect of vacuum on

the mechanical properties of metals has been reported.

It had previously been assumed that, due to the above

conditions, vacuum welding might be a problem, especially

for similar metals (as defined by the periodic table).

Recent experimental results seem to indicate that in order

for this phenomenon to occur, a temperature of one-half the

melting temperature, a bearing stress approaching the yield

stress and a dwell time of approximately i0 minutes are re-

quired.

For organic structural materials degassing is a problem.

Based on experimental evidence, however, the general conclu-

sion seems to be that the structural properties of plastics

are affected cnly in a minor way. Those plastics which have

the lowest content of water and of solvents or plasticizers

respond best to the vacuum environment. At any rate, manu-

facturing techniques adequately can assure the elimination of

the ou_gassing phenomena.

Radiation

The major sources of penetrating particle radiation in

space are: solar flare, primary cosmic rays and trapped

radiation like the Van Allen belts. Protons emitted during

solar flare activity are considered to be the greatest

hazard to solar probes. At high doeses a slight embrittle-

merit of the material takes place, resulting in an increase

in hardness and in strength and a decrease in creep rate.

From the information available (i), the effect of this

radiation on metals is expected to be negligible while most

structural plastics have sufficient tolerance to operate a

reasonable length of Lime. The radiation damage threshold

for pl_stics Epox_ Resin Glass Fabric Laminate type is from
2 x i0 J to 5 x 107 rad (i rad = I0 p ergs/kg)(2) °

Ultraviolet radiation is not expected to limit the use

of the candidate metals and structural plastics for space

applications. Its principal effects on plastics is to cause

surface degradation and an increase in solar absorptivity.

12_<



Again, surface degradation effects on successful operation

of spacecraft instrumentation shou]d be awaited.

Solar Heatin_

Some of the effects that the increasing temperature due

to solar thermal radiation can have on material properties
are

i) decrease in the strength properties (See Fig. 6BI.I
and Table 6BI.2)

2) decrease in the stiffness

3) cumulative creep deformation.

The effects of thermal gradients due to differential

heating (the effect should be considerably reduced due to

the use of a spinning spacecraft) can cause

_I thermal stressthermal deformation and buckling

31 creep buckling4 reduced vibration characteristics.

Special care must be taken in the design of the spacecraft to

avoid joining materials of widely different coefficients of

thermal expansion. This is a potential source of thermal
stress. Also_ since materials have characteristic maximum

(see Fig. 6BI.2) and minimum operating temperatures, care

must be taken to make sure that the temperature environment

which the materials experience (it is expected to have a
O _ O • • ".range o± 123 K to 4f3 K) ms wlthln the material operating

temperature limits.

Meteorites

T_e effect of meteorites is to cause erosion, spalling

and perforation upon impact. The hazard presented by

meteorite strikes is made difficult for the designer because

of the many uncertainties in size, composition, weight, flux

density and velocity of meteorite particles. Due to the low

probability of perforation_ the effect of meteorites may be

omitted in the structural analysis.

Analysis of the space environmental conditions discussed

above leads to the conclusion that except for the use of a

derating factor on the strength and stiffness properties of

materials_ the effect of space enviroment need not be con-

sidered in the design of the spacecraft with the materials

chosen° The structural design of the spacecraft is then

dictated by instrumentation considerations, thermal control

needs and the necessity to survive the boost environment.

ll& .
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The designer is thus permitted to choose structural materials

on the basis of conventional requirements like stiffness_

weight_ strength, allowable temperature range _ machinability
and formability (see Ref. (3),(4) and (5)_. If_ for instance_

a material with a high stiffness to weight ratio was being

considered_ the logical choice (from Fig° 6BI.3) would be
beryllium of beryllium-aluminum. Similarly, on the basis of

Fig. 6BI.%_ the designer would choose fiberglass for high

strength to weight considerations° Beryllium or beryllium-

aluminum would have to be selected if a high thermal con-

ductivity to weight ratio was desired and fiberglass if a low

weight structural insulator was desired. Considerations like

these (they will be discussed in detail for particular load

and temperature environments) will govern the choice of struc-

tural materials for the spacecraft.

6B2o Structural Design

After the basic configuration of ICARUS was established

as representing the best compromise between thermal, power

and instrumentation considerations_ the spacecraft structures

group then directed its efforts toward achieving an efficient

design. Due to the economic considerations involved in boosting

the spacecraft into its desired orbit_ every pound of structural

weight which could be saved was worth approximately $200_000o

In general the designer would like to design a spacecraft

which provides adequate strength at minimum weight and cost.
This leads to an evaluation of the structure and of the mater-

ials on a strength-weight basis. The optimum values in this

relationship are zero weight and infinite strength. Since

not much can be done in increasing the strength properties

of the candidate materials, an attmept was made to design a

minimum weight structure° One of the most obvious ways to

accomplish this _'eduction in structural weight is to decrease

the material thickness. Thin sections possess useful strength

only if they are loaded in tension° To be able to use thin

sections for other types of loading_ it is necessary to

i) pressurize the structure internally

il use sheet and stringer construction
use an in_egrally stiffened (waffle) construction

use sandwich cons%ruction

It was shown in the Materials section that beryllium

possesses excellent stiffness/weight and good strength/weight

properties. It can further be shown (6) that for bending and

compression type loading the beryllium sandwich construction

is the most efficient Lype of structure to use for a spacecraft.

Its very high thermal conductivity also makes beryllium an

excellent ma%erial to use in heat sink applications. Based

on these considerations, beryllium was chosen as the main

iZO.



structural material. Reinforced fiberglass p_astic_ because

of its high strength/weight, good dielectric properties,

excellent structural damping properties and low value of

thermal conductivity_ was chosen as the structural material

for the antenna and where thermal insulation was required_
as in the body cone.

A spacecraft must be designed to withstand the launch
environment. The loads encountered here are the most severe

imbed on the spacecraft. The principal loads arise from the

steady-state and vibratory accelerations of the boosters

while burning and maneuvering in atmospheric flight. Loadings

of a secondary nature are due to noise_ thermal cycling and

shock of the type which might be encountered at ignition and

also at stage separation. The design discussed below is

based on the boost environment shown in Figs. 5BI.6 and

Table 5Bi.3 The spacecraft is designed to withstand these

loads without excessive deflection nor permanent deformation.

If the loads are multiplied by a factor of safety of 1.5

to become design ultimate loads_ then the structure must be

capable of sustaining design ultimate loads without failure.

The discussion in the following sections deals with a

description of the structural design which was selected.

The structural analysis cohsiderations pertaining to the major
structural elements of this design are given in Appendix B

The concepts of connections, joints and fittings sre illus-

trated but the detailed design of these is beyond the scope

of this preliminary design study.

The basic structural concept is shown in Fig. 2DI.2.

Essentially_ the structure consists of a beryllium tarust

cylinder supporting two beryllium honeycomb sandwich equip-

ment plates. The solar cells are mounted on an integrally

stiffened beryllium cone which is attached to the bottom

equipment plate. The conical body_ which supports the super

insulation and 0SR (see section 6CI.') is made of reinforced

fiberglass plastic sandwich construction and is attached to

both equipment plates.

For reasons of thermal control_ the body cone extends

beyond the equipment plates. (See Fig. 2DI.2 and Fig. 6B2.1)

The 0.127 m extension above the top plate provides 0.070 m

for louvers and 0.057 m for shading. The 0.051 m extension

beneath the bottom plate provides for louvers.

A detailed sketch of the body cone attachment is shown

on Fig. 6B2.2. The connectors on the top plate will fit

between the bimetallic springs of the louver system (see Fig.

6C3.2). Since the exterior insulation must not be disturbed_
the connectors will be attached to the cone before the insulation
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is wrapped. Then the necessary access to the internal equip-
ment can be provided by disconnecting the plates and the
connectors, removing the necessary sensor shades, and lifZing off
the entire body cone° This scheme leaves the spacecraft in a
completely operating condition since no electrical connections
are broken.

The equipment plates are attached to the thrust cylinder
as shown in Fig. 6B2°2. The thrust cylinder is thickened in
the regions around the plates because of the concentrated loades
introduced into the cyliner by the plates. Welded connections
are not used because either bolted or bonded connections pro-
vide increased structural damping°

The nitrogen gas system is supported inside the thrust
cylinder as shown in Fig. 6B2.1. The regulator is positioned
beneath the fiberglass filament-wound bottle, with the piping
running through a small hole in the thrust sylinder out to
the nozzle which is located as shown on Figure 2B3.1. The
bottle will be supported by a webbing arrangement attached
to the thrust cylinder. This positioning scheme will permit
the c.g. of the gas system to be placed very near to the
spacecraft c.g.

The high gain antenna is supported by six fiberglass
struts which are attached to a stiffening ring on the thrust
cylinder (see Fig. 6B2oi). The top three struts can be
adjusted in length in order to align the antenna° If neces-
sary_ the antenna can be quickly removed by disconnecting the
struts at either end°

One of the omni antannas (see Sec. 4B3_ ) will be con-
nected to the nitrogen gas regulator, as shown on Fig. 6B2oI_
and project 0°]oo3 m (4 inches) beyond the thrust cyliner.
It is not necessary that this antenna project beyond the
solar cells.

The dual frequency VHF radio propagation experiment
antenna will be placed on top of the magnetometer (see Fig.
2B3.1). This antenna will be constructed of beryllium wire.

The solar cell cone is attached to the bottom equipment
plate as shown on Fig. 6B2o3° The connecting ring is con-
structed of fiberglass reinforced plastic and dimensioned so
as to thermally separate the solar cell cone and the plate.
(See Section 6C2. ) A more efficient structural scheme
would be to connect the solar cell substrate structure directly
to the body cone. This would distribute the weight of this
structure to both plates instead of only the bottom plate°
The access and thermal control problem would now become more
complicated, however, since the solar cells would have to



move with the cone and some electrical connections would be
broken.

As mentioned in sect!og: 6B2.! the solar cells are
mounted on an integrally stiffened beryllium cone (see Fig.
6B2.4). Note that the circumferential stiffeners are inclined
at an angle of 5° from the axis of revolution. This allows the
stiffeners to serve a second function as solar shades protecting
the back of the cone (see section 6C3). While the state of
the art of beryllium fabrication is not as far advanced as
aluminum for example_ it has alreadY been demonstrated that
formlng of.a beryllium she111structurei_can_be acQQmplished_,
hence it will be possible_tQ, formthe cone_ _uocgss!yelyl
forging, finish machining and chemical mining.

The thrust cylinder is mated to the interstage ring
by the use of a payload clamp (see Fig. 5BI.5 ). The detailed
design of the bottom of the thrust cyliner is not discussed
here but it should be shsped so as to fit with the design of
the interstage ring and Clamp as given in the Scout Users
Manual (7) _.

There were several other designs considered for ICARUS
before arriving at the present choice. Because of the great
premium placed on weight reduction of a space vehicle_ designs
that use a single item of structure for more than one purpose
are highly desirable. From a structural efficiency viewpoint_
the optimum design for ICARUS would have been to mQunt the
equipment boxes on the sides of the spacecraft body. This
design_ though_ could not be used for the 0.i - 0.2 AU missions
because of the extreme difficulties encountered in providing
adequate thermal control in the vicinity of the Sun without
an extensive redesign of the instrument packages.

It is recommended that the edge of the solar cell cone
be flexibly attached to the shroud during the boost phase of
the mission. This would considerably reduce the vibratory
environment to which the spacecraft is subjected.
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6C. Thermal Control

6Cio Thermal Environment and System Requirements

The _hermal control system for a spacecraft with a

0.2 AU or 0°i AU perihelion orbit must be well designed in

order to protect against the environment that will be encount-

ered. The primary factor of the environment from the thermal

control standpoint is the solar radiation. The solar radia-

tion incident on one square centimeter normal to the Sun

radiation at 1.0 AU is 0.14 W and at 0.i0 AU is 14.0 w (8).

Other environmental factors are of a secondary nature

or are of no importance as sources of thermal energy inputs

to the system. However the selection of materials for use

in the thermal control design must be made with due considera-

tion given to the effect of micrometeorites, ultraviolet

radiation and particle fields that may be encountered. The

problem of alteration of optical properties of materials by

high speed micron size particles has been investigated (13).

The major problems from this type of particle exist in the

region near Earth. A 50 percent degradation in optical pro-

perties may occur in a seven month period for a vehicle

orbiting in the region near the earth(13). Since the ICARUS

mission is of 150 days duration and only a very small fraction

of that time will be in the region around 1.0 AU, particle im-

pact is not expected to cause any significant optical

property changes in the Optical Solar Reflector (OSR) surface

(see Section 6C2 ). The effects of high-energy electrons,

low-energy protons and ultraviolet radiation on OSR have been

investigated (9). The results indicate that OSR will not

experience significant degradation.

The primary function of the external thermal control

system is to limit the thermal energy flow into and out of

the vehicle between specified limits. The limit on thermal

energy flow into the system is one of the controlling factors

in sizing the radiating areas for waste energy rejection from

the spacecraft.

The design of the internal thermal control system

assures that the instrumentation and equipment aboard the

spacecraft will be maintained within the limits specified by

the experimenters. This control is accomplished by combining

the techniques of active and passive temperature control along
with careful selection of materials with desirable optical

qualities.



6C2. Thermal Control Design -External

Two distinct solutions of the external thermal control
problem exist° The first apprach is to establish a stationary
shield in front of the spacecraft so that the vital elements
of the system are protected from direct solar radiation. For
a spin stabilized spacecraft the shield must be despun. The
second approach is to encapsulate the vehicle with a protec-
tive shielding so thatthe entire vehicle may be spun. In
light of the overall mission plan and design philosophy
calling for a simple system with a minimum of articulated
subsystems, the second solution was adopted.

The external thermal control design is based on reflect-
ing a large portion of the incident solar radiation. Specularly
reflecting surfaces are used in the design in such a way that
the reflected energy is directed away from other parts of the
spacecraft. The remaining portion of the incident radiation
energy is absorbed by the outer layer of shielding material.
A large portion of this energy is reradiated from the outer
surface, and the remaining portion passes through into the
interior of the spacecraft. A portion of the reradiated
energy from the body of the spacecraft will strike the sol_r
cell panel. The effect of the reradiated energy on the
solar cell performance is discussed in Section 6D of this
report. The important properties of the materials employed
in external thermal control design are shown in Table 6C2.1.
The materials employed are discussed later in this section
of the report. The materials and shape of the vehicle were
chosen in order to satisfy the conditions at the 0.I0 AU
perihelion.

Two thermal control materials are employed on the
external portion of the body section of the spacecraft as
shown in Fig. 6C2.1. The outer material is optical solar
reflector and the inner material is alumized "H" film. (30
layers 1/2 mil aluminized "H" film With 3 mil dexiglas
spacers) Some optical and physical properties of OSR (8)
and aluminized "H" film (i0) are presented in Table 6C2.1
and Fig. 6C2._I.

Thermal control analysis - External

The purpose of the thermal analysis of the external por-

tion of the spacecraft is to establish the feasibility of

maintaining the desired thermal environment. The feasibility

of the design depends on first showning that the operating

temperature of the thermal shielding is within the acceptable
limits of the material. The second factor is to show that all

the energy that enters the spacecraft may be radiated to space.

This means determining the major sources of thermal energy
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feeding into the body of the spacecraft. The thermal inputs
from external sources are determined in this section of the

report and the internal energy balance is analyzed in section

6C3.

Equilibrium temperature of the body section as a
function of sunlcraft distance.

In this section the following symbols have been used:

_A

AS

absorbed thermal energy w

radiated thermal energy w

solar constant w/m 2

@ 1.0 AU = 1.375xi03 w/m 2

absorption_0f the exterior surface for

solar energy

cross sectional area exposed to

sunlight

m 2

_k_ radiating area

E

1

emittance - total hemispherical - at

equilibrium temperature

effective solar constant - accounts for

reflected energy from solar cell skirt

o-

A

AC

percentage of solar energy incident on
solar cells that is reflected onto the

body

Stefan-Boltzman_ constant
: 5.67 x i0 -_ w/m 2

ref area, wall
1.98 m 2

conduction area

w/m2

2
m

m 2

conduction length m

weight

thermal conductivity or w

effective thermal conductivity cmOK
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Figure 6C2.2 Geometry - Solar Cell

Reflection on Body



If it is assumed that internal energy sources may be

neglected (i.e. a well insulated body) and that the net inter-

change of energy between the solar cells and the body is
small_ the thermal energy balance equation is

Substituting for SA and _ and considering only the solar
source (neglecting the ea th's albedo etc.)

S'_s As = o-_ A_T ÷ 6c2.1

Solving for the equilibrium temperature of the external sur-
face:

k¢_ A_ 6c2.2
To account for the reflectance of the solar cell skirt the

solar constant may be replaced by an effective solar constant (5).

_D_L , 6C2.3

See Figure 6C2.2 for notation° Equation 6C2.3 accounts for

the average added energy striking the body of the spacecraft

due to the presence of the solar cell cone. The equation

simply expresses by geometry the portion of the reflected

energy that is intercepted by the body.

If _ is of the same magnitude as L_ and if we assume

a typical value of R to be 0.5_

" f .._/N_) 6C2.4_ : S(/÷ 2_

The area ratio may be expressed as

= 77"Z L(_,+D_]

-- ..L cos_. 6c2 5
A_, 7"r

Substituting Eqs. 6C2.% and 6C2.5 into 6C2.2 gives the
exterior surface equilibrium temperature

_-E 6C2.6

The body exterior surface temperature evaluated from eq. 6C2.6
is shown in Fig. 6C2. 3 for the 0.i AU and 0.2 AU designs.

Z3_.



The emissivity of the 0SR was adjusted to account for the spec-

tral distribution dependency on temperature (ii).

Heat Transfer through Wall into Spacecraft Body

In designing the insulation, it is necessary to consider

the heat transfer through the wall at both perihelion and

aphelion. At the perihelion the spacecraft distance from the

Sun is 0.I AU and from Fig. 6C2°3 the external equilibrium

temperatu're of the 0$R is 493°K° The effective conduction

per unit wall area of the body may be expresses as:

Employing 30 layer 1/2 mil aluminized "H" film with 3 mil

dexiglas spacers as the insulation (see Table 6C2.1 for

properties), and holding the interior temperature at 303°K,

the effective condution into the body per unit body wall area
is:

,A /, Z7C-,_,t =

At the aphelion the spacecraft distance from the Sun is 1.0

AU, and from Fig. 6C2.3, the external equilibrium temperature

is 155OK. With the internal temperature held at 273°K_ and

employing Eq. 6C2.7, the effective conduction out of the

body per unit body wall area is:

_
A - • /,ZTc,,,_ -

For the spacecraft located at 0.2 AU_ the 0.2 AU design

body surface equilibrium temperature is 360°K and the effect-

ive conduction per unit body wall area is 2.25 w/m 2 into the

body.

Conduction - Solar Cell Array

Another mechanism by which thermal energy is added to

or removed from the body is the conduction from the solar

cell array to the bottom equipment plate (see Fig. 6C2.4).
The conduction per unit body wall area is

Qc k 4T A_ 6c2.8
A _A

The conduction path is fiberglass with a thermal conductivity
of 0.0043 w/cm°K. The solar cell array temperature for the

0.I AU design is _73°K at 0.I AU and the equipment plate tem-

perature is 303OK.

l._[.
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The solar cell array temperature at io0 AU is 150°_ and
the conduction loss per unit body wall area is 2°26 w/mE.

The solar cell array temperature for the 0.2 AU design is

400°K at 0.2 AU and 175OK at 1.0 AU. Again assuming the

instrument plate temperature to be 303OK the conduction gain

at 0.2 AU i_ 1.43 w/m 2, and the conduction loss at 1.0 AU

is 1.89 w/m E •

Conduction Fan-Beam Antenna

The antenna mast is protected by a covering of 0SR. The

equilibrium temperature will be 473°K at 0.i AU_ 400q(at 0.2

AU, and 150°K at 1.0 AU. Figure 6B2.1 shows the antenna

connection. The thermal energy gain or loss may be determined

from Eq. 6C2.8. The antenna and antenna supports are insulated

with aluminized "H" film (i0 layers of 1/2 mil aluminized "H"

film see Fig_e6C2.5). The conduction area consists of the

six tubular members which make up the support. The tubes are

fiberglass (thermal conductivity k = .0043 w/cm°K) of 0.75

cm 0_ and 0.65 I.D. Three tubes are 0o13 m long and three

tubes are 0.33 m long. For an average conduction path length
and constant thrust cylinder temperature of 303°K equation

6C2.8 may be evaluated to give the heat flux_ at 0.i AU, into

the body as:

= I.o6 I0
The conduction from the antenna into the body per unit body
wall area at 0.2 AU is 0.61 x 10 -2 w/m 2. The conduction from

the body to the antenna per unit body wall area at 1.0 AU
is -0.96 x 10 -2 w/m . In addition to the conduction path,

thermal energy will pass through the insultaion on the antenna

support and antenna areas into the body of the spacecraft.

The effective conduction into the body at 0.i AU_ through

this insulation is then from eq. 6C2.$ (see table 6C2.1 for

insulation properties)

(o. cs

= + o.s 

13g.



The effective conduction from the antenna into the body per
unit body wall area at 0.2 AU is 0.35 w/m 2 and the loss from

the body per unit body wall area at 1.0 AU is -0.53 w/m 2.

Conduction through Antenna Leads

The antenna mast contains thirty five electrical conduc-

tors which will also act as thermal energy conductors. The

conductors are made of 0.04 cm diameter copper. The thermal

energy conduction per unit body wall area at 0.i AU is found

by employing Eq. 6C2.8:

O. 55 W.

The conduction gain through the leads a_ 0.2 AU when the an-

tenna temperature is 400°K is +0.30 w/m H. The conduction

loss through the leads at 1.0 AU where the antenna temperature
is 150°K is -0.49 w/m 2.

External thermal control weight

Weight of OSR:

W = (area)(specific weight)
= (1.98m 2) (0.33kg/m 2)
= o.66 kg

Weight of "H" film insulation:

W = (1.98m 2)(1.1 kg/m 2)
= 2.18 kg

Weight of antenna support and thrust ring covers insulation:

,,_2.. ,.3

Total weight of the external thermal control system is:

Wtota I = 2.96 kg

Summary

The total thermal energy flow into and out of the system
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is an important factor in the establishment of an acceptable

energy balance as was indicated in section 6CI. For convenience
this information is summarized below°

Method

w/m 2
@ 0.i AU

Design
0.i AU

Thermal Energy Flow

based on body wall area
@ 0.2 AU @ 1.0 AU @ 1.0 AU

Design Design Design
0.2 AU 0.i AU 0.i AU

Through wall of +7.50 +2.25 -2.04 -2.04

body

Solar cell array +2.51 +1.43 -2.26 -1.89

to body

Antenna to body +1.15 +0.66 -1.03 -1.03

Sub Total

Estimated*

+11.16 +4.34 -5.33 -4.96

+ii.16 +4.34 -5.33 -4.96

1! ! into spacecraftout of spacecraft

+22.32 +8.68 -10.66 -9.92

To account for leakage

through instrument window

liners_ insulation at-

tachment_ etc.

6C3. Main Compartment Thermal Control

Introduction

The instrument compartment is designed to maintain the

temperature of the base plates of all instruments and elec-

tronics within the range 273°K to 323°K (0 to 50°C). An

exception to this is that all 3 TWT bases are constrained to

the range 253OK to 358°K (-20 to +85°C). The design discussed

is satisfactory for missions to 0.i AU. Modifications for

missions with perehelion less than 0.i AU are suggested.

All the equipment is mounted on the inside of two

circular beryllium Dlates located at each end of the vehicle

as shown in Fig. 2DI. _ On the outside of the plates are

mounted active thermal control louvers much in the style of

the current Pioneer_ Mariner, and OG0. Bimetallic spiral



coils in _hermal contact with the circular plates control the
louvers° Barring a serious attitude control error_ the louvered
surface sees essentialiy black space although some account
must be made for reradiation from the antenna_ the back of the
solar cell cone and the lip of the shield at the antenna end
of the vehicle. The control system is designed to operate
nominally for ±2° attitude control error with respect to the
Sun--vehicle line at 0.i AU.

Because of the great change in thermal inputs over the
range of the mission, it is necessary to maintain a minimum

electrical power dissipation within the craft when the dis-

tance from the Sun is greater than 0.25 AU. In this sense,

all components of the vehicle capable of generating or dis-

sipating electric power are part of the active thermal control
of the vehicle°

Analysis

The details of the louvered plate construction are

indicated in Fig. 6C3.2. The effective emissivity of the

louvered portion of the mounting plates is given by (14):

/ - G.(@)

= ! - ep)C_,--ce;
where

6C3.1

and the surfaces of the louvers are considered adiabatic and

optically diffuse. Ep is the emissivity of the plate itself
and the F's are the configuration factors and are functions

of the louver angle @ (see Fig° 6C3.4). When the louvers

are closed (G = 0), Eq. 6C3.1 gives a misleading result.

In this ease, the shutters act as a single radiation shield

and it is easy to verify that,

= + ('E; 0 6c3.2
where the more appropriate assumption is made that the louvers

are isothermal rather than adiabatic. By coating the plate

with one of several available black paints (e.g. Lowe Bros.

No, 47,865 Black Base Enamel, or Parsons Optical Black Lacquer),

it is possible Lo make Ep_---0.95°

C$ is the emissivity of the shutters (assumed the same

on both sides). Account must be made not only for the surface
material and condition but also for the effect of spacing

between the shutters or overlap of the shutters. Here it is
assumed that the shutters are plated with silver with a 500

A1203 layer vapor deposited over it for protection (17). This
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radius a

radius b

raduis c

no. of louvers, N

weight/louver assembly

(incl. bimetal spring, bearings)

total weight

louver area, A

area of "black##PZ' _'(2_ (a + .125) ABG

area of "black overlao",ABo
(a-.125) (NxlO-3)

Ep

Closed

Q_c.- = 3 jo J-,- ,qsG-

(_E,vo -- 2H(2./._/o'_]

Open

= o.,(GTo;

QR/louver

TOTALS Total area

Q (closed)
q (open)

Weight
no. of louvers and

actuators

Bottom End

0.52
o.55
o.125

47

0.028 kg

1.28 kg

0.80m 2

4.05xlO-3m 2

18.6xlO-3m -2

o.o53

0.95

0.026

6.5w

I. 3w

2. Ow

9.8w

0.72

284w

6.Ow

1.59m 2
18.2 w

500 w

2.5 kg

9o

Top End

0.47

o.5o
0.13

43

0.028kg

1.17 kg

0.64m 2

3.76xlO-3m 2

14.6xlO-3m 2

o.o52

0.95

0.026

5. IW

I.Iw

i .8W

8.4w

0.72

216w

5.0w

Figure 6C3.2

(page 2 of 2)
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surface should have _ _ 0.03. Aluminum, gold or copper

could be used in place of silver but this will give a

larger _5 -- which is only important if direct sunlight
falls on the louvers due to an attitude control failure. It

is assumed that careful construction of the louver system

will allow the overlap between louvers to have no more of a

degrading effect than would a "black" strip 0.i cm wide be-
tween each louver. This "black" area is called "black over-

lap" in Fig. 6C3o2o The resulting _s is given by

( A_8o_ + AG_ 6C3.3= o.os AL / AL

is the "blackwhere, A L is the total louver area and B_ 0.053 for theoverlap" area° The result is that

closed shutters° Equation 6C3.1 and 6C3.2 for these shutters

give

_.(.F#_,,,,,._0,72. _t e,,90 °

Ee-ft ,.,,,,.,. 6C3.3

The preceeding discussion assumes the louvers are thermally
isolated from the base plates. A conservative correction for

this effect is to take an additional heat rejection of
2.1 x 10 -2 watts for each connection between the louvers and

the spacecraft. There are two connections per louver. This

figure was arrived at by assuming_the connection was made

by the equivalent of a 0.3 cm diameter reinforced plastic

rod, i cm long, with the full temperature drop between the

plate and the louver. -3..c___o/_._,.,.,.

J / c,.,.,

#.-- -- "= 2.1 x/o
230 ° K is the equilibrium temperature of the thermally isolated

louvers. _.3 x 10-3 w/cm°K is a typical thermal conductivity

for reinforced plastic. Another louver loss which is signifi-

cant when the louver is closed is due to the "black gap"

between the end of the louver and the adjacent housing. The

heat loss from this effect was calculated using an 0.i cm gap
at both ends of the louvers. Reference to Fig. 6C3.2 shows

that the sum of the louver radiation _osses (QR) plus con-
duction losses (QEND)_plus "black gap losses _QBG) totals
15.2 watts for 1.59 m _ of louver area with the plate at 273°K.

This represents an overall effective emissivity of 0.037 --

considerably less than any current louver system. Values in

the neighborhood of 0.12 are typical for closed louvers. It

is the author's opinion that no serious attempts have been

made to optimize louver design and that the emissivity of



0.037 is achievable. Should this prove not to be possible,
two "fixes" are possible. A radioisotope heater with a thermal
output of 20 to 40 watts could be added to the spacecraft with-
out jeopardizing the thermal balance at 0.I or 0.2 AU or the
compartment equipment could be qualified for a lower tempera-
ture than 273°K (O°C). The weight of a radioisotope heater
should be very small for this wattage since the isotope itself
will produce 0.5 w/gram (Pu 238) or 2.3 w/gram (Cm 2_).
Pu 238 or Cm 2%4 are recommended as radioisotopes suited for
this purpose if in fact radioisotope heaters are required.

The external thermal control system (Section 6C2) is
designed so that the heat leak intQ the compartment through
the sidewall is less than 22.3 w/m Z at 0.i AU and less than
i0_7 w/m 2 out of the compartment at 1.0 AU. The heat leak

through the portions of the top _nd bottom not covered by
louvers is to be less than 4 w/m s out of the instrument com-

partment at 273°K.

In calculating the heat input at 0.i AU it is necessary

to include radiation from the antenna, radiation from the

back side of the solar cell cone_ and radiation from the lip

of the shield at the antenna end. A portion of these radia-

tions may enter the open louvers at 0.i AU.

Item Max. Thermal Input (w) at 0.i AU

Antenna 39
Solar Cells 14

Shield

--_2 x 0.72 = 45

In these calculations the antenna and inside of the shield

are covered with specular surfaces with _ _- 0.05. The

back of the solar cells is to have an effective emissivity

oi' 0.05. Furthermore, the louvers are assumed to have

= 0.72 with respect to incident radiation. This is the

value of' £ for completely open louvers. A large thermal

input at 0.i AU comes from electric power dissipation and
"windows" on the instruments and Sun sensors. Windows are

openings in the outer wall through which Sun can enter the

instrument compartment. These thermal inputs are summarized

in Table 6C3.1

The limiting cases for thermal control are:

i _ maintaining T
21 maintaining T

273°K(0°C) at 1.0 AU
323°K(50oc) at 0.l AU

where T is the compartment temperature.



Table 6C3.1

Thermal Inputs From Instruments, Electronics, and Windows

Item Notes Window
Area (Cm2)

Electric
Dissipation (watts)

Cosmic Ray
Neutron Phoswich
Plasma Probe
Magnetometer
UHF Radio Propagation
Total Experiments

Trans. Driver
3w TWT 2,9
20w TWT 2,3
50w TWT 2,3
lOOw TWT 2
Tape Recorder 8
Power Conditioner 4,9
Receivers 5,9
Data System 9
Total Electronics 9

i

9

2.5 1.5
4.o 3.5
4.0 I.O

3.5
1.5

lO.5 II .0

2

13
4o

I00

122

1.3 - 2.3

5 - 26
3
8

31 - 163.3

Logic 9
Sun Sensors 6

Total Orientation

0.2

1.0

5.0 - 7.0 0.2

Grand Total

Minimum (I.0 AU)

Maximum (perihelion)

6,9 15.5 - 17.5 42.2

6 15.5 - 17.5 174.5

Window Thermal Equivalent
1.0 AU 7 ,I

0.2 AU 7 17 - 19

0.i AU 7 68 - 77

i. In-board portion only.

2. TWT plus driver; omly one TWT used at any time.

3. 20 w and 50w TWT are physically the same unit.

4. Electric dissipation assumes 90_ efficiency.

5. There are 2 receivers; both used continuously.

6. There are 5 to 7 sun sensors depending on mission.

7. Considering the windows to have _T = 1.0.

8. 1.3 watts on record, 2.3 on playback.

9. Items used in computing minimum powers.

IqZ



Heat Balance at 1.0 AU (Compartment an@ base plate assumed to
be at 273°K (0 C)

Outside Walls -21 w

Louvers -18 w

Other Areas -2 w
Subtotal ---I_ w

Electric Power

Available

+42 w

Margin (sum total) +i w

Heat balance at 0.i AU (Compartment base plates assumed to be

at 303OK (30Oc) except 0.i m 2 at

333°K (60°C) under i00 w TWT)

Outside Walls

Windows (23.5 em 2)

Radiation into

louvers

Electric dissipation
subtotal

+4_ w

+77 w

+45 w
+174 w

+340 w

Louver capacity -500 w

Margin (sum total) -160 w

For a mission to 0.2 AU_ condition item (2) above is changed

to (2) maintaining T 323°K (50°C) at 0.2 AU.

Heat Balance at 0.2 AU (compartment base plates assu_ed to be
at 303°K (30°C) except 0.i mE at 333°K

60oc) under the i00 w TWT)

Outside Walls

Windows

Radiation into

louvers

Electric Dissipation
subtotal

+17 w

+19 w

+ii w

+174 w
+221 w

Louver capacity -500 w

Margin (sum total) -279 w

The antenna has a configuration as shown in Fig. 6C3.3.

All of the surface of the antenna is covered with highly

specular 0SR with_ s = 0.05. Under the assumption that
the antenna is small_ diameter relative to the dimensions

lqg.



of the plate, the heat flux from the antenna to the louvers

on the top of the vehicle is given approximately by

S ]Q= _ _ _h _d-- l_ _Q_ derivation given in

R e Appendix C )
6C3.4

where o{_ = the fraction of incident solar energy re-

emitted diffusely

5 : the solar constant

= r/h

For explanation of D_ h, and r see Fig. 6C3.3

Substituting the appropriate values into Eq. 6C3._ gives

Q= 780 s

= -q-o.o 6c3.5

at 0.i AU.

There is a thermal input to the louvers from the rim of

the shield around the louvers at the upper end. This shield

is made of very thin reinforced plastic and is thermally

isolated from the outer walls by super insulation (see Fig.

6C3.3). However_ because the Sun subtends a finite angle

(particularly for close in missions) and because the craft

may be slightly misaligned wiZh the Sun.(spin axis not per-

pendicular to the Sun-vehicle line), some Sun light will fall

on the inside of the shield. The shield face is plated with

silver with 500 _ of AI20 _ vapor deposited over it. This will
give a very specular surf[ce with _--_" 0.05. The shield

cone is shaped so that at 0.i AU, at least 99.95_ of all the

specularly reflected energy passes out of the vehicle. How-

ever_ the 5_ that is absorbed is reradiated in a diffuse
fashion. The view factor of the shield cone to the louvers

is 0.2 giving a possible thermal input at 0.i AU of 9 watts.

The louvers on the bottom of the vehicle are exposed to
radiation from the back of the solar cells. The amount of

radiation into the louvers depends on the cone angle of the

solar cell cone as well as its area_ temperature and emissivity.

lq?.



S, super insulation

B, base plate

L, louvers

Figure 6C3,3 - Antenna Configuration,Shleld

Configuration - Thermal Input to Louvers

(I/I0 scale)

louvers

# _, ,,r -.. "b d ./'# ** #'s'**'g
base plate

Figure 6C3.4 Louver View Factor Sketch
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For most missionsA the area of the cone is expected to be
approximately 3 m E and at perihelion, the temperature will

be less than %00oK (0.2 AU mission) or 473OK (0oi AU mission).
The emissivity as far as solar cell heat rejection is con-

cerned will be approximately 0.9. However_ because of the

concentric polished beryllium stiffening rings on the solar

cell cone_ the effective emittance to the louvers will be

approximately 0.05 (18). A graph of thermal input versus

angle of the solar cell cone is given in Fig. 6C3.5. The

large reduction in thermal input as a result of the stiffen£ng

ring construction is evident. On the 0.i AU mission_ in

addition to the solar cell c_ne ther S is a skirt of solar
cells with an area of 0.85 m E (9o2 ft _) The geometry of the

skirt is given in Fig. 6C3.7. This skirt is designed to

operate at the same temperature as a right cylindrical skirt.

Thus, its pwer output corresponds to a right cylindrical

skirt with 0.85 (cos 40 ° ) = 0.65 m 2 (7 ft _) of area. The

view factor of the skirt shield to the louver area is 0.054.
The flux from the Sun that falls on the inside of the shield

as a result of the finite size of the Sun is

co. =

at 0.i AUo (The centroid of one-half of the Sun disk makes

an angle of 0.9 ° with the vehicle Sun line at 0oi AU.) The
specular reflections from the skirt shield do not strike the

louver area, and are in fact almost completely rejected from

the vehicle_ The energy which is diffusely scattered is

(3.65 x 10 -3 w)(0.05) = 183 w. Hence, (183)(0.054) = 9°9

watts, is incident upon the louver area. In summary, the

radiation incident upon the louver area is 4.5 w maximum for

the 0°2 AU mission and 5.1 + 9.9 = 15 w maximum for the 0°i
AU mission.

Launch thermal control has been considered in only a

very cursory fashion. The boost phase within the Centaur

shroud lasts approximately 220 seconds. Sufgicient insulation

to prevent overheating of the instrument compartment solar
cells can no doubt be attached to the shroud with little

velocity increment penalty. The total burn time for all

stages is in the neighborhood of 800 seconds. At the end

of this interval the spacecraft will be in the sunlight

with the spin-axis aligned essentially perpendicular to the

Sun-vehicle lineo At this point or before the electric power

generation will be sufficient to prevent excessive cooling

of the instrument package (see section 5BI ).

The magnetometer at the top of the antenna boom must be
maintained between 270OK and 370°K. Figure 6C3.6 indicates

the geometry of this package as well as the thermal control

elements. Heat flow by conduction between the instrument can

.LS"/.



and the antenna is to be limited to ± i w. Using 8 layers of

0.5 mil. aluminized "H" film with 3 mil Dexiglass spacers

covered with OSR_ the heat leak through the walls will be
approximately +0.36 watt at o.i AU and -0.15 watt at 1.0 AU

assuming internal temperatures of 370OK and 270°K respectively.

The top surface_ if painted black with 1.0 _ @_ 0.9, will
reject less than 2.4 w at 270°K and at least 7.3 w at 370OK.

It is suggested that a 3.55 watt radioisotope heater be used to

make up possible 3.55 w loss at 1.0 AU. Power dissipations of

the magnetometer is negligible except that 3 watts is used

when "flipping" the axis of the fluxgates.

Heat Balance

1.0 AU 0.i AU

leak from antenna

wall leak

radiator

radioisotope heater

-i.00

-o.15
-2._(270°K)
+3.55

+i.00

+0.36

-7.3(370°K)
+3.55

0.00 -2.%-6 w

15"2.



Figure 6C3.5 Thermal Input from Solar CeilCone
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6D. Power Supply

6DI. Power Requirements

The power supply for the ICARUS missions is to provide
all of the electrical energy for the spacecraft's experiment

and communication equipment. It must also provide this

energy in suitable form_ in that the power conditioning

equipment is considered as part of the power supply.

For the program of spacecrafts considered_ the power

required is 40 wattts (conditioned) at aphelion increasing to

2%0 watts at 0.3 AU. Between 0.3 AU and perihelion (either

0.2 AU or 0.i AU) a minimum of 240 watts is required.

The minimum life of the power supply is to be long enough

to assure required power at perihelion of the first orbit.

An imposed restriction on the power supply is that it

not require articulation_ despinning_ or varying orientation
of the spacecraft or its components. This restriction is

considered to enhance the reliability of the system and lower
its development time and costs.

6D2. Results

Many types of power supplies and combinations of power
supplies were considered for the missions. These included

solar cells_ solar thermoelectric devices_ solar thermoionic

devices_ radioisotope thermoelectric and thermoionic genera-

tors, fuel cells_ and batteries. From these_ silicon N/P

solar cells were selected as the primary power supply. The

main factors in the selection were weight, cost_ and state-of-
the art of the power supply.

In order to have initial power_ for orientation of the

spacecraft_ and emergency power_ in case the spacecraft should

lose orientation_ a 1.0 kg (2.2 ib) silver cadmium battery

was also selected. This battery provides 73 watt-hours

of power.

Although solar thermoelectric devices_ GaAs solar cells_

and radioisotope thermoelectric generators were not selected_

very strong cases were presented for their use. These power
supplies are discussed in section 6D4.

The power supply selected consists of a panel array of
N/P silicon solar cells in the shape of a frustum of a cone_

as shown in Figure 6D2.1. This design takes advantage of the

facts that solar cell panels can be maintained at a lower

temperature by tilting them away from the Sun_ and that solar

15"/'.



cells are more efficient at low temperature. The increased

efficiency compensates, in part, for the reduced incident

solar radiation per unit area of cells.

Although the design concept is the same for all missions,

each mission has a frustum array which is sized to optimize

the solar cells' performance over the AU range anticipated.

For the 0.2 AU perihelion mission, the design is shown in

Figure 6D2.1A. It consists of a frustum array which makes

an angle of 30 ° with respect to th_ Sun's rays, encompasses
a total area of 2.8 meters _ (30 ft ), and weighs 11 kg

( 24 ib). The power delivered is shown in Figure 6D2.2. This

design allows the spacecraft to attain perihelion while re-

taining the solar cell array at a temperature below 39_°K

(the maximum temperature reported for no thermal degradation (19).

The extreme variation of the solar intensity during the

0.i AU perihelion mission necessitates using a primary power

supply which is augmented by a degrading secondary supply

available only during the first entry into perihelion. The
pcw_ supply designed is shown in Figure 6D2.1B. It consists

of a frustum array of cells which makes an angle of 20 ° with
respec_ to the Sun's rays and has a total area of 2.6 meters 2

(28 ft_). The maximum temperature attained by these cells

is 473°K, which is below the reported temperature for perma-

nent, total, thermal degradation (22). As the power provided

by these cells is inadequate at high AU values, an additional

frustum array of cells is used to provide power during the

first entry into p_rihelion. This array (skirt) encompasses
0.85 meters 2 (9 ft=) and makes an angle of 50 ° with respect

to the Sun's rays. The total power delivered by the system

is shown in Figure 6D2.2. Total panel weight is 13 kg

( 28 lb).

6D3. Analysis of Power Supply

An analysis of the performance of the solar cell array

can be made by using an energy balance on a unit surface area

of the panel. If, as a first approximation, it is assumed

that there is no temperature decrease through the panel and
that there is no thermal radiation interaction between the

panel and the spacecraft or the panel and itself, then the

resulting equation is

S__C_CA_ _ _ : _(_+ (_) T + + P

where: A s

_U

ratio of projected area normal to Sun's rays to

total area ( _l_ for frustum surface)

astronomical unit distance from Sun
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K empirical correction factor for small angles

electrical power obtained per unit area of surface

SC solar radiation intensity per unit area at 1.0

AU (1400 watts/meter s )

T temperature of panel

_ averaged solar absorptivity of front side (solar
cell side)

averaged emissivity of front side of panel

_b emissivity of back side of panel

angle between frustum surface and Sun's rays

Stefan-Boltazmann constant for radiation

The power obtained from a unit surface area of

panel is given by the equation

where the new symbols represent

_ transmissibility of solar cell cover

_p packing factor (actual solar cell area per unit
surface area)

_T thermal efficiency

Equations 6D3.1 and 6D3.2 indicate that, for a given

design, the power and temperature are coupled,

_,)p= •
and are dependent on AU location and frustum angle selected.

The numerical valuesuse in performing the numerical
analysis were

_@ = 0.60 (O4sola r cell : 0 65_ _ = 0"_etween cells)• area

l&o.



E@ : 0.80 (E solar _ell:

_b = o.9o

0.65, _. arOe_J4%etween cells

Nb = o°92

_p = 0.90

which were considered representative (19).
efficiency used was (19),

_-r 15%, T <= -_ 196°K

_.(°_)= 2_,.z7 - o.o_,68T(%:)

The thermal

6D3.4

This efficiency is the most conservative of those reported.

Many investigators have reported higher efficiencies existing

over a larger temperature range (22,23).

Using the stated values, the power and temperature were

calculated° The coupling of the two is shDwn in Figo 6D3oi
with the maximum power calculated to be 200 watts/mt=(18.7
watts/ft2). Figure 6D3.1 may be used to design a panel as
its abcissa reflects the effects of AU location and frustum

angle° The effect of varying these parameters upon the
power produced is also shown in Fig. 6D3.2.

Varying the frustum angle not only changes the area ratio,

As, it also changes the reflectivity characteristics of the

solar cells° This effect has been evaluated experimentally

by Johnston (20) using flat panels. Figure 6D3.3 indicates

the values of K used in this analysis. Johnston's values
have been modified to include the effect of the frustum's

curvature.

K( +,,,..,.,,,,,]= K e 6D3.5

Upon reveiwing Fig. 6D3.1, it is noticed that varying

the frustum angle is an effective way of obtaining a desired

power available curve for a particular mission. This, then,

becomes the design procedure for the power supply: Optimize

the frustum angle so that the power available curve best fits

the power required for the mission°

A limitation on the design selected is the maximum solar

cell temperature allowed. It is reported that N/P silicon

solar cells can withstand 394°K for long periods of time with

no thermal degradation (19). It is also believed that the

cells can withstand higher temperatures (< _73°K) with little

thermal degradation (4 2%) if they are provided with high

Z_
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temperature contacts (22). In this analysis it was assumed
that:

(i) If the cells were retained at a temperature less

than 394OK, no thermal degradation was guaranteed

(the ideal situation);

(2) ilf the cells were retained at a temperature less

than 473°K, insignificant thermal degradation was
present;

(3) If the cells exceeded 473°K, complete permanent
degradation occurred.

As sta_ed earlier_ the2maximum power per unit area is
200 watts/m (18.7 watts/ft ). However_ before determining

the solar cell area needed to provide the required power_ the

delivery losses and solar degradation of the power system

must be determined. For this analysis delivery losses were

estimated to be given by the representative values (19_23,25).

Diode and wiring loss 5_

Cell mismatch _

Random open circuit 6_

Power conditioning i0_

Thus the delivery efficiency was assumed to be 77.1_.

A major degradation of the power system is caused by

solar radiation damage. Exact prediction of this damage is

impossible although some insight can be obtained by assuming

that the Sun's particle properties vary by an inverse square

ratio with solar distance. The particle-time intensity cal-

culated can then be correlated with known cell degradation
information (24). An alternate approach is to use the

calculated degradation caused by a major solar flare (23).
As it is assumed that the cells will be provided with

suitable cover glasses, the degradation caused by solar

radiation is estimated to be i0_ during the short lifetime

of a mission (75 to 85 days to perihelion).

The total efficiency is_ therefore, 69.4#. This

implies that the maximum power del_vered per unit area of
solar cell surface is 13,9 watts/m (13.0 watts/ft2).

Figure 6D3.2 indicates that the power required for the

0°2 AU mission can be obtained by using a frustum angle of

30 ° . Using this angle, the cells attain a maximum temperature

of 394°K; consequently there is no thermal degradation. A

total cell area of 2.8 meters 2 (30 ft 2) is selected. The

power available to the spacecraft is shown in Fig. 6D2.2.

Total panel weight is II kg ( 2_ ib).



The power requirements for the 0.i AU mission cannot be
satisfied by using only a single frustum array of solar cells.
No angle exists which satisfies all of the power requirements,
yet has satisfactory area and weight. The design selected
consists of a primary power supply array of 2.6 meters =
(28 ft _) at an angle 20° . This array attains a maximum
temperature of 473°K and is expected to survive the perihelion
environment.

Supplementing the primary power is the power from a
frustum skirt of .85 meters (9 ftE) at an angle of 50o .

The area and angle are partly imposed by thermal considerationssee section 6C3 ) and are equivalent to an area of 0.65
meters at an angle of 90o.) The skirt provides additional
power at large AU's. However, th_s power is available only
during the first entry int6 perihelion. _

Since the solar cells are subjected to a wide range of
temperatures and solar intensities, the output voltages and
currents vary greatly during the mission. In order to provide
a constant voltage bus for all equipment a dc-dc converter,
using high speed switching transistors, is provided. The
main bus regulator senses the power requirement of the craft
and adjusts its pulse height and width in order to maintain
a constant bus voltage.

A central power control unit provides for switching and
distribution of power to the various experiments and communi-
cation equipment throughout the mission. Electronic current
limiting is used to protect against a short circuit.

6D4. Alternate Power Supplies Considered

After evaluating all potential power supplies, N/P
silicon solar cells were selected. However, there were
other supplies that look promising and deserve consideration.
These supplies are:

1 a Solar thermoelectric panels augmenting solar cell

panels

2o High temperature GaAs solar cells

3. Radioisotope thermoelectric generators

A solar thermoelectric generator uses heat produced by

solar radiation to produce the temperature difference be-

tween the hot and cold junctions. A sandwich type construction

is used, wherein the thermoelectric elements are bonded between

two thin sheets. One surface, called the collector, is

coated to produce a high solar absorptivity and a low

*High temperature at perihelion permanently degrade the skirt.



emissivity. This side of the panel is oriented toward the
Sun, absorbs energy from it and produces the hot junction
temperature. The heat absorbed is partially converted into
electrical energy and the rest is transferred to the cold
junction and radiated from the other side of the panel.

Solar thermoelectric panels have been successfully tested
in earth orbit, and it has been analytically predicted that
panels could be designed to produce 40 to i00 watts/ft 2 in
the 0.I AU to 0.3 AU range. These panels could survive boost
environment and would weight 1.0 to 3.0 ib/ft 2 (6).

The designs considered consisted of solar thermoelectric
panels supplementing a frustum N/P silicon solar cell array.
The solar cells provided power in the 0.2 AU to 1.0 AU range
and were the same design as the power supply selected for the
0.2 AU perihelion mission. The thermoelectric panels were
used to provide power in the 0.I AU to 0.2 AU range.

Two designs were considered. One design consisted of
articulating solar thermoelectric panels shielding the solar
cell frustumat low AU ranges. The other design consisted
of a fixed solar thermoelectric skirt supplementing high
temperature silicon solar cells (300°C). It was proposed
that if the thermal limitations imposed by the contacts and
coverglass bonding materials could be eliminated, a solar
cell could be developed which would withstand high tempera-
ture. Although the cell would yield no power at high tempera-
ture, it would be available to provide power when it cooled.
These designs were rejected because of their need for articu-
lation or need for high temperature cells, which are not avail-
able at present.

High temperature GaAs solar cells were also considered as
a replacement for the N/P silicon cells. These cells offer
higher efficiencies at elevated temperatures (7). They
also withstand higher temperatures (673UK) without failure (ii),
thereby relieving the necessity of a power augmentation skirt
for low AU missions. GaAs cells were rejected for the mission
because of their high cost (30 to 50 times that of N/P silicon
cells) and the uncertainty of their future manufacture (9).

Due to the extremes in temperature and solar environment,
a radioisotope thermoelectric generator was considered for
the missions. The generator, being mounted internally, would
not be subject to the surface degradations suffered by other
systems. Two designs were investigated. One design used the
RTG as the only power supply. The other used a small RTG to
supplement a solar cell or solar thermoelectric supply. RTG's
were rejected because of their heavy weight (_ i ib per watt),
their cost, the availability of the desired isotope, and the
difficulty of designing an efficient heat rejection system for
an internally mounted RTG.

l&Z
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VII. ATTITUDE CONTROLAND STABILIZATION

7A- System Requirements

7AI. General Considerations

The attitude control system is designed to acquire the
desired spacecraft orientation upon injection and maintain
this orientation during the entire mission. It consists
of sensors, controllers and actuators forming a closed loop
system as described in section YB . The orientation of
ICARUS must satisfy the following constraints:

a. Orientation of the experiment sensors with respect
to the Sun.

b. Orientation of the solar cells with respect to the
Sun.

c. Orientation of the antenna with respect to Earth.

Constraint (a) is obviously overriding since the
primary objective of the mission is to "look at the Sun".
Thus the natural reference for experimental measurements
is the vehicle-sun line. Some of the experiments require
that the sensor heads scan the complete 360 ° in the vehicle
orbit plane. This implies sensors mounted on a spinning
platform, with spin axis reasonably close to the normal of
the orbit plane. The maximum deviation allowed, from the
experimental standpoint, is ± 5° (see section 3_B2). The
alternative, several sensors each looking in a different
direction, has the disadvantages of added weight and possible
offsets between sensors, while there is only a slight advan-
tage in simultaneous measurements vs. measurements at most
i

sec. apart.

In addition to the requirements listed above_ simplicity

and reliability were of prime importance in the choice of

a configuration. It is most desirable that the spacecraft

be capable, after the initial attitude acquisition is com-

pleted, of maintaining the desired attitude with a minimum
of active control.

7A2. Choice of a Spin-stabilized Vehicle

Since the experiments require some spinning sensors,

a major choice to be made was between spinning the entire

vehicle or only parts of it. The main arguments for and

against despinning the various components are listed in the
table below.



Despin

Solar cells and

thermal control

elements

Antenna

Whole vehicle

except experi-
ment sensors

Table 7A2.1

For

Weight is
reduced

Less power

required for
communication

Same as

combination

of above

Against

RequSres continuous orien-

tation along vehicle-sun

line or hinged panels

Orientation of a pencil

beam toward Earth requires

a star sensor, a bearing,

a separate motor drive and
an onboard short memory

program

Attitude is more sensitive

to disturbance torques.
Active control is needed

at all times and is more

difficult to achieve during

communication blackouts_

one of which occurs near

perihelion

The completely spinning configuration chosen, with

spin axis normal to the orbit plane, is an eminently stable

system provided the spin axis is also the axis of maximum
moment of intertia. It satisfies all the requirements

listed in section _ 71AI and avoids the problem of earth-

tracking with a despun antenna by providing enough power to
transmit with a fan-beam antenna. The attitude control

system is required to provide the initial attitude acquisi-

tion, but will only be called upon to perform occasional

corrections during the cruise phase. As described in the

following sections, it is a very simple and reliable system,

similar to the present Pioneer control system and with many

identical components. It thus has the added advantages of

being low-weight and flight-proven.

_A3. Accuracy Requirements

The experiments require a minimum accuracy of ± 5° in

the orientation of the spin axis with respect to the normal

to the orbit plane. The antenna pointing requirements are

more severe: _ 2.5°(see section 4B5). However the orienta-
tion of the spin axis must be known within ± i° (see section

3BI ) and the data reduction problem is greatly simplified
if this is also the accuracy required for the spin axis

orientation. Hence a ± i° requirement is adopted as no

difficulty is anticipated in meeting it with the ICARUS



control system.

During communication blackout periods it is not possible
to track the position of the spin axis in roll, since there
is no radio link with Earth. To overcome this difficulty
the spacecraft is designed, in the case of the .2 AU mission_
so that the drift of the spin axis remain within ± i ° during
blackouts° For missions closer in, it may become necessary
to provide for drift corrections. This is discussed in
greater detail in section 7_2.

The spin rate was chosen at I00 rpm. Since this is the
spin rate expected during the kick stage, and since it is
also satisfactory for the experiments, spin-up or despinning
devices are not needed.
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7B. Sensors_ Controller_ and Activator

71B!. Introduction

The control system provides attitude control by means of

cold gas expulsion through a nozzle located on the solar

cell skirt. Gas release takes place on the basis of quali-

fying logic provided by r_'io command and solar sensors. The

single nozzle orients the spacecraft in two dimensions using

the gyroscopic principle therefore gas release must be

synchronized (this is done through the solar sensors) with
:respect to the spin position as measured from the vehicle-
sun line.

7B2. Sun Sensor's and Configuration

Following the general techniques of present Pioneer,

Sun sensors are placed on the spacecraft in the configuration

as shown in Figure 7BI.I (where Fig. _BI.2 serves to

establish spacecraft coordinates) with the object of per-

forming the following functions_

ao Sun sensor E - A narrow beam view of the sun is

specified and the sensor provides a reference pulse

on each revolution of the spacecraft.

b • Sun sensor A and C - These Sun sensors are located

on the x-axis at right angles to the nozzle lever

arm. Sensor A has a general view in the +z direc-

tion as the vehicle spins about the z-axis while
sensor C views in the -z direction. When connected

through suitable logic these sensors control pitchin{

maneuvers on initiation by radio command - a Type I
orientation of the craft.

C • Sun sensor B and D - These Sun sensors are located

on the y-axis. Each has a symmetrical field of view

with the major view in the x-y plane. The logical

selection of the appropriate sensor provides a
means for performing roll maneuvers on radio command -

a Type II orientation of the craft• Cross sections

of the view angles for the Sun sensors are presented

in Fig. 7BI.I.

Due to spacecraft spin the duty cycle of incident solar

energy upon the sensors will be less than i00_, the view

restriction shades further restrict incident energy but

precautions must be taken to bond the sensors tightly to

the spacecraft to give a good conduction path for the heat

so as to limit the sensor temperature range from 3_3OK to

223OK.
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_17B3. Controller

Firing of the attitude control jet takes place on the

basis of qualifying logic which includes the following

signals:

a. Spacecraft readiness, e.g., launch complete,

Do Radio Command, e.g., Type I or II control mode

specified, and

C • Sun Sensor Signals, e.g., during a Type II control

mode logical qualifying of Sun Sensor D would provide

a gas jet while this sensor sees the Sun thereby

producing an increment of the roll angle about the

y-axis in the positive direction.

Table I_B3.1 presents a general summary of sensor logic

and resultant spacecraft maneuver.

Table I_B3.1

Qualified Sensor Resultant Action

A only Positive pitch increment

C only

A and C

Negative pitch increment

If, and only if, the integrated

average solar incident energy

on sensor A and C over one spin
revolution is zero is it assumed

that the pitch angle is zero and

Type I control mode terminated

B only Positive roll increment about

vehicle-sun line

D only Negative roll increment about
vehicle-sun line

17B4. Actuator

Vehicle maneuvers are produced by actuation of a cold

gas expulsion system. Cold gas (N 2 perhaps) is bottled at

high pressure and released through a pressure regulator on

the basis of qualifying logic as discussed in section 7B3.

The quantity of gas required is based on an assumed specific

impulse of 60 seconds. Filtering upon release is required

to prevent clogging of lines or jet and contamination of
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vehicle surfaces and sensor. Release of gas is obtained by

a solenoid operated valve; therefore care must be taken to

shield the experiments from any residual magnetic valve

fields and also from the dynamic electromagnetic solenoid

fields. In the present Pioneer the valve is located at the

end of the boom adjacent to the nozzle; except for the afore

mentioned reasons there is no objection to placing it else-

where such as the equipment mounting platform of ICARUS.
Power drain on actuation will be in the order of i0 watts with

a maximum duty cycle of 90 degrees per revolution; with a

spin rate of i00 rpm this will amount to 250 ms per second.

The nozzle lever arm must act through the center of

mass of the system at right angles to the x-axis to avoid

the undesirable mechanical couping resulting in excessive

wobble buildup. It is assumed that the jet thrust produces

a torque vector in the -x direction.
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_. Acquisition and Maneuver

The acquisition phase is initiated immediately after

last stage burn out. The booster vehicle guidance system

will have served to orient ICARUS with a spin axis essentially

in the orbit plane at right angles to the vehicle-sun line.

This means that solar cell power is immediately available

without further spacecraft orientation if it is assumed that

the most advantageous daily solar launch window has been
selected.

A Type I maneuver will orient the spin line at right

angles to the vehicle-sun line. It is important to note

that this pitching maneuver is not terminated as soon as the

non-active Sun sensor sees the Sun, but sufficient pitching

must take place until both sensors A and C see the Sun

equally (within a small pre-planned deadband). This technique

(or its equivalent - such as a horizon seeker) becomes im-

portant near the Sun because the spacecraft views the Sun

with such a large angle, e.g., at 0.i AU the subtended angle

to see the full sun diameter is 6 degrees. With the expected

accuracy of injection the Type I maneuver should not last

longer than i or 2 minutes. Orientation in pitch should

inherently be within an accuracy of i or _ degrees or less.

Sufficient gas is carried to provide for a 20 ° re-orientation
however.

A Type II maneuver will erect the spin axis perpendicu-
lar to the orbit plane. While the present Pioneer requires

about 8 to 9 hours, since each erection pulse is radio com-

manded at a rate of i per minute, erection of ICARUS by 90

degrees can take place at a rate to assure completion in about

i0 minutes if this is consistent with acquiring and analysing

the engineering data to ascertain vehicle status for interested

personnel. Following the nomenclature of section VI!DI, the

mass of gas required for an orientation of degrees of
ICARUS is

which amounts to .5 kg for = ii0 ° (20 ° pitch plus 90o roll)

or .405 kg per 90o maneuver.



7 D. Cruise Phase

7_DI. Disturbance Torques

The major source of disturbance will be the solar
radiation pressure (3,4). If there is an offset between
the center of pressure and the center of mass (see Fig. 7DI.I)
it will cause a torque about the pitch axis since there is
symmetry about the spin axis. Hence the spin axis will tend
to drift in roll (see Fig. 7DI.I for axes and orbit coordinate
system). The following numerical calculations, based on a
.2 AU mission in the ecliptic plane, determine the maximum
allowable offset between center of mass and center of pressure
and the amount of gas needed during the cruise phase.

The rotation _ of the spin axis during an interval of
time dr, due to radiation pressure, occurs about the vehicle-
sun line and is:

7DI. i

where

T- PoAb
, radiation torque 7DI.2

r _

po = 4.5 x 10 -6 N/m 2, radiation pressure at i AU

= 1.15 m2 rojected spacecraft area, P
= distance between center of mass and center of

pressure, in meters

r = vehicle-sun distance, in AU

15. 5 kg m2
_= 10.5 rad/sec

The total drift _ during a blackout period (tl, t2) is:

_ _-_ 7DI.3

where

I
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i= _ _ 7Dlo 5

_° _i

Calculations show that the second communication blackout

period_ when the spacecraft is just past its perihelion, is

the most severe. It occurs between the 91st and 96th day_
and results in_

v, : o,oogZ b

If for example the total drift during blackout is to remain

below 0o5°_ b must be less than 0oi0 mo Such a requirement

on the offset between center of mass and center of pressure

is well within current practice. For future extension to a

.i AU mission the same calculations require that b _ 0.037 m,

which is still quite feasible.

The total angular impulse, _ _ due to radiation pres-

sure_ for one orbit at .2 AU and with b = 0oi0 m s is

: _0,7 N_.c

The mass of gas required for control is

I_p _t

Nitrogen is used for thrusting_ with a specific impulse

I s = 60 sec. The nozzle is placed at a distance d = 1o07 m
from the center of mass° The total mass of gas needed to

overcome only the solar radiation pressure is, for a mission

of 1o5 orbits_

Studies indicate that other sources of disturbances s

such as gas leakage (assuming no malfunction)_ micrometeorite

impact, Sun gravity gradients internal moving partss are

orders of magnitude smaller than solar pressure (5). Even

with a safety factor of 2 to account for o_her dis_urbances_

the amount of gas needed during the cruise phase is only 30_

of that for initial acquisition. The total mass_ including

a single 90 ° erection and initial acquisitions is



In comparison, the present Pioneer carries 0.395 kg of gas
with an associated bottle and supporting structure of 0.79
kg.

71D2. Cruise Phase Attitude Control

If the offset b is kept within the calculated limit of
section 7DI _ corrections will not be needed more than once
every 2-3 days. This may be reduced even further by the use
of a small passive solar sail placed on top of the antenna
and trimmed on the ground as with the present Pioneer.

The sequence of control pulses is identical to that
used during the initial_quisition phase. It may be desirable
in view of the possible extension to missions closer to the
Sun to control pitch by means of temperature sensors on the
solar cells. This would allow the solar cells t_ operate
under the most favorable conditions, within the -5 ° spin
axis orientation required by the experiments.

The control of roll, which is commanded from Earth,
and thus depends on a communication link, does not present
any problem for the .2 AU mission. For closer missions,
if a small enough b cannot be achieved, it is suggested that
a short memory program for roll corrections during black out
periods be provided. This program would be updated from the
ground after sufficient information o:m the actual behavior
of the spacecraft has been obtained. Another alternative
which is more complex, but has the advantage of recording
more accurately the spacecraft position, is the use of a
star field sensor.
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VIII. PROGRAMDEVELOPMENT

In this chapter, a possible program of development and
the corresponding costs are outlined. This program is based
upon what is technically feasible and not upon actual
governmental fundings or planning schedule.

8A. Program Schedules

Figures 8AI and 8A2 summarise the program schedule°

The table below illustrates how the ICARUS program
might be integrated with the existing PIONEER program.

Phase Program Program Duration Cost

I Present Pioneer '65 - '69 NA

(o.8 AU)

II Pioneer Fe Cr '69 - '70 NA

(O.5 AU)

III ICARUS_ _ flights '71 - '73

(0.2 AU, 30 ° solar

cell skirt; 2 in

the elciptic, 2 out

of the ecliptic)

moo/%

IV ICARUS, 2 flights '73 - '74

(0.i AU, 20 ° solar

cell skirt; i in
and i out of the

ecliptic)

lO2/2

8B. Financial Developments

The costs presented here are based on information gathered

from various space industries and similar space programs.

For cost analysis purposes, the ICARUS project can be

conveniently subdivided into two programs: four missions to

0.2 AU perihelion and two missions to 0.i AU perihelion.

The costs involved in each of these programs include those

for the spacecrafts_ the experiments and the boosters.

The ICARUS spacecraft should be relatively inexpensive.

It has no articulating or despun components. Consequently_

it is believed that the four spacecrafts which obtain 0.2 AU
will cost a total of 8 million dollars in addition to the

24 million dollars needed for research and development.

Igl.



Assuming that a space experiment costs 1.2 million

dollars per two shots, the total cost for the five experi-
ments on the 0.2 AU missions is estimated to be 12 million

dollars.

The booster for the 0.2 AU mission is the Atlas-Centaur

with two "kick" stages. This boost system is estimated to

cost 56 million dollars _or four flights to the 0.2 AU

(see Table 5Bl.l).

The total cost for the 0.2 AU missions is summarized in

the following table.

Fli_hts to 0.2 AU

Cost (Millions

of dollars)

Spacecraft - Vehicle 8
R and D 24

Experiments 12

Boosters 56

Total i00

Cost per flight mission 25

The costs per spacecraft for the two missions to 0.I AU

may be estimated to be similar to those for the 0.2 mission

except for the boosters. The two Saturn IB/Centaur/2 kick
boosters cost 84 million dollar_ (see table 5BI.I).

2 Flights at 0.i AU

Cost (Millions

of dollars)

Spacecraft - Vehicle 4
R and D 8

Experiments 6
Boosters 84

Cost per flight mission

102

51
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IX. GROWTH POTENTIAL AND FUTURE PROJECTS

There are many new problems associated with a solar

mission to very small perihelions. The following sections

point out some problems and possible solutions, in conjunction

with the recommended developments in boosters_ trajectories,
experiments, communications and spacecraft.

9A. Experiments

The growth potential of the experiments depends primarily

upon the ability of the vehicle to carry additional weight

to the near vicinity of the Sun. Additional experiments have

been described in _Chapt_r3 which, if placed near the Sun,
would yield much more useful information which would aid in

developing new and more realistic models of the universe.

The experiments which should be placed on board the space-

craft are listed in descending order of scientific merit in

Table 3AI in the body of this report. In addition, the

electronic plasma probe should have a magnetic field added

so that it could provide an additional sorting of the in-

coming particles.

9B. Communications

For close-in solar missions communications requirements

change drastically. There is a loss of direct communication

because of the near Sun. More data storage capacity will be
necessary so that the data can be stored until direct com-

munication becomes possible after the fly by. Use of high

temperature electronics and high gain articulated antennas

should be investigated.

9C. Trajectories and Boosters

The most difficult problems to be encountered on missions

with very small perihelions are (i) the extremely high

velocities the spacecraft must obtain and (2) the large

change in incident solar flux experienced by the spacecraft.

Section 9D, spacecraft, will deal with the problem of solar
flux so it will not be discussed here. Numerous schemes

have been devised for achieving these very high velocities

(see Fig. 5A2 _I" The schemes fall into three broad
categories: i_; Single impulse velocity increase, (2) plane-

tary fly-bys, and (3) multiple impuse velocity changes (usually

restricted to hi-elliptic transfers). These 3 methods are

illustrated in Fig. 9CI.I.

A general discussion of bi-elliptic transfers is found

in (i), and a good concise summary is contained in (2).



It appears that they do not offer any significant advantages
over planetary fly-bys. The following chart compares booster
velocity requirements and time of flight for all three methods
for perihelions of" 0.025 AU and 0.050 AU.

Peri- Bi- Bi-
helions Orbit elliptic elliptic

of Para- transfer transfer Jupiter Direct

Interest meters at 5 AU at 4 AU Fly-by Ascent

O.025AU velo- 67,000 69,500 49,500 84,500

city ft/sec ft/sec ft/sec ft/sec

trip 1,665 1,240 1,290 67 days

time days days days

O.050AU velo- 65,500 68,000 49,000 76,700

city ft/sec ft/sec ft/sec ft/sec

trip 1,680 1,260 1,310 69 days

time days days days

The hi-elliptic transfer at 4 AU yields a slightly shorter

trip time but requires much higher velocities than does a

Jupiter fly-by. In either case the trip time is approxi-

mately 3½ years. A bi-elliptic transfer at 3 A_is about

2,500 ft/sec cheaper than a direct ascent, but takes 2.35

years to complete. A Venus fly-by to the same perihelion

gains about 6,000 ft/sec and is much faster.

Bi-elliptic transfers have less stringent guidance require-

ments than planetary fly-bys, but this advantage is more than

offset by the disadvantages associated with carrying large

quantities of propellant out to aphelion. The velocity to

be added at a 4 AU aphelion to obtain a 0.05 AU perihelion,

for example, is about 22,000 ft/sec. The engineering prob-

lems involved in storing this quantity of rocket propellants

in space (especially cryogenics) for periods of 2 to 3

years are staggering. Planetary fly-bys, especially Jupiter,

would also require mid-course velocity increments but these

are small'_uidance correction" impulses and can be accomplished

with small amounts of cold gas.

In summary, the problems associated with bi-elliptic

transfers to orbits with very small perihelions are worse

than those associated with planetary fly-bys, and the bi-

elliptic performance "gain" is much less than a planetary

To a p_erihelion of 0.05 AU
_7.
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fly-by.

The idea of trading trip time for launch vehicle velocity

requirements to orbits very near the Sun is very attractive,
however, if one considers planetary fly-bys. The summary in
the above chart shows Jupiter fly-by savings of 35,000 ft/sec

for a 0.025 perihelion and 27,700 ft/sec for a 0.050 perihelion.
In both cases the Jupiter fly-by booster injection velocity

requirements are abou_ 49,000 ft/sec. The initial four stage
ICARUS launch vehicle (Atlas/Centaur/TE-364-3/FW-4S) will

lift a payload of more than 500 ibs. to this velocity, the
Saturn IB/Centaur/Poodie will lift about 3700 Ibs. to this

velocity. (See ref. 3°) These launch vehicles can not lift

any payload to a perihelion of 0°05 AU via a direct ascent.
However the Saturn V/Centaur/Kick (the kick stage is a high

performance 7,000 ib Hp/F 2 engine) or the Saturn V/Centaur/

Poodle can lift significant payload weights via a direct
ascent to velocities of interest. This information is

summarized in the chart below.

Perihelion of 0.05 AU

Payload Estimated

Launch Weight Booster Cost Method of

Vehicle - ibs - - _ million - Ascent

ICARUS 0 14

ICARUS 5 8 0 14

single impulse

Jupiter fly-by

Saturn IB/Centaur

Saturn IB/Centaur

Saturn IB/Centaur/

Poodle

Saturn IB/Centaur/

Poodle

0
2200

0

3700

41 single impulse

41 .... Jupiter fly-by

44 .... "single"impusle

44 ..... Jupiter fly-by

Saturn V 0 _25

Saturn V 18000 125

single impulse

Jupiter fly-by

Saturn V/Centaur 0

Saturn V/Centaur 30000

Saturn V/Poodle

Saturn V/Poodle

135
135

14oo 128

28oo0 128

single impulse

Jupiter fly-by

"single" impulse

Jupiter fly-by

None of these booster configurations could launch any

payload to 0.025 AU via a single impulse velocity increase,

but the Jupiter fly-by payloads are essentially unchanged for

smaller perihelions.

lqO.



It is apparent from this summary that Jupiter fly-bys

are economically very attractive for close solar probes.
Thus it may be more economical to invest in the additional

R & D to achieve high reliability components to survive a

3 - _ year Jupiter fly-by mission to reach 0.025 AU than to

invest in the very large and expensive Saturn V launch vehicles

required for a direct flight to the same perihelion.

It is recommended that in 1970 a comparison be made of

the relative costs of accomplishing the exploration of the

solar regions between 0°2 AU and solar impact. It is techni-

cally feasible to accomplish the exploration between 0.2 AU

and 0.i AU using the ICARUS spacecraft boosted by the Saturn

IB/Centaur/TE-364-3/_W-%S. If, however, by the early 1970's

the reliability of equipment has improved sufficiently to

achieve a high probability of successfully operating over a
four year life time, then it may be preferable to combine

the near solar probe mission with a number of other Jupiter
fly-by missions such as flights which are 90 ° out of the

ecliptic, and flights to the remote planets.

Future development of more advanced solar probes via

Jupiter fly-by should first be aimed at developing a space-
craft which will survive over the extreme ranges of solar

flux between aphelion and perihelion. This should be coupled

with a major R & D program whose goal is to extend component
lifetimes to 4 or 5 years. The booster can then be selected

from the currently available types on the basis of minimum
cost.

9D. Spacecraft

The ICARUS configuration will be unsatisfactory for

missions to less than 0.07 AU perihelion. A more likely
design for these missions would incorporate 3-axis stabili-

zation and an elaborate heat shield arrangement. If a Jupiter

fly-by trajectory is used an RTG power supply appears attrac-

tive. For direct transfer missions a combination power

supply using retractable solar cells (4) plus solar thermoelec-

tric seems possible. Recent research (2) indicates that elec-

tronic components may be built to operate at 700°K which

would greatly reduce the thermal control problem. Due to

high solar flux, experiments requiring a direct view of the

Sun may require special provisions for cooling the sensing

heads. One promising approach is to use mechanical sampling

where the instrument is shielded except during the sampling

period. There appear to be no serious structural problems
for very close missions.
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APPENDIX A

The Telemetry Problem

First_ consider the problem of transmitting a single sensor output to

the ground terminal. Let x(t) represent the amplitude of the sensor

output over the time interval (O_T). Let z(t) represent the reconstructed

waveform at the ground terminal. Ideally_ we would like for z(t) to be

identical to x(t)_ but this is not possible because of the inherent

system noise. A number of systems might be proposed for accepting x(t)

as the input (in the spacecraft) and providing the output z(t) (at the

ground terminal). In order to compare these systems_ a criterion of

goodness must be chosen. A reasonable criterion of goodness is the

integral squared error_ i.e.

and one system might be said to be better than another system if it

results in less integral squared error.

Now_ in space communications_ digital systems are usually preferred to

analog systems. A digital system requires that the waveform to be trans-

mitted be given a digital representation_ i.e. be represented by a vector.

An excellent discussion of the problem of representing a waveform by a

vector is given in Appendix B of reference (i).

We write

_=, 2

where the x. are given by the reflections of x(t) onto the set of ortho-

normal basi_ functions
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We now represent the waveform x(t) by the vector X where



Equation 2 is not an equality since_ in general_ an infinite numberof
basis functions are required. Hence_we incur the error

whenwe represent the waveform x(t) by the vector X.

Now_to transmit the vector X to the ground terminal would require an
infinite numberof bits for each of the elements x._ _= l_Za''" JN.
Therefore_ the usual procedure is to "quantize" each x. into predeter-
mined fixed levels. For example_ if each x. could be _uantized into
one of ten numbersby rounding off to the n_arest integer. Hence_ the
vector X is transferred into the vector Y by the quantization process.
This_ of course_ results in a second source of error_ say e^ Thez"
magnitude of this error depends on "fineness" of the quantization
process.

Next_ each element of the vector

is coded into a sequence of binary symbols and transmitted to the ground
station. Ideally_ the output of the ground-based decoder_ would be iden-
tical to the input to the spacecraft transmitted. However_in general_
somedecoding errors are introduced so that each y. is decoded as z.
(z. is identical to y. unless a decoding error is _ade.) Hence_ th_
system noise in the c_mmunication channel introduces a third source of
error.

The ground-based data processing equipment reconstructs the waveform

from the z. appearing at the output of the decoder. It can be shown
(see reference (2)>that for most cases the three errors el_ e2 and e3
are additive_ i.e.
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The magnitude of the first error e I can be minimized by the proper

choice of the set of orthonormal b_sis functions _(t) . The errors

e2and e3 are related since increasing the number of Jquantization levels

decreases e2 but increases e_ because more bits must then be transmitted
in the same time interval whlch results in less energy per bit and more

decoding errors. Therefore_ an optimum trade-off that results in mini-

mum mean squared error exists.
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APPENDIX B

Structural Analysis

This appendix presents the preliminary design analyses of the following

structural elements:

I) equipment plates

2) nitrogen bottle

3) thrust cylinder

4) body cone

5) radio propagation antenna

6) solar cell cone

Since this report represents a preliminary design study_ each analysis

is intended only to give reasonable engineering estimates for dimensions

and weight. However_ where appropriate_ state-of-the-art plate and shell

theory is utilized in conjunction with current material advances in

order to approach an efficient design° The structural weight to total

spacecraft weight ratio is indicative of the structural efficiency

achieved.

Load factors of 30 in the longitudinal direction and 7 in the lateral

directions are used to obtain maximum loading conditions, These load

factors include a factor of safety of 1o5.
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Equipment Plates

The equipment plates are analyzed as circular sandwich plates with a

central hole_ clamped at the inner edge_ elastically supported at the

outer edge_ subjected to a uniform load on the top_ and a line load

around the outer edge. No exact analysis exists for this problem. How-

ever_ it is possible to develop an approximate solution by means of

Reissner's Principle_ as follows:

Define:

where Up = Reissner functional for axisymmetric bending of
a circular plate

OL = radius of central hole

R = outer radius

_yQ_E)_ = radial (circumferential) bending moment

_r = radial curvature = _-_

j_&_r
_= circumferential curvature = _. ckP

b_ = plate deflection

_ = Poisson's ratio for face material

]) = bending rigidity - __

t_= thickness of facings

= thickness of core

Define:

o _=R



where _&= energy stored in the spring at the outer edge

p = spring constant for outer spring_ _/_

De fine :

where

%_ R I_LLAy

_p= potential energy of the uniform load

JL_
_ = intensity of uniform load_

De fine :

where _1 = potential energy of the outer edge line load

M = magnitude of line load, _

Then the total Reissner functional is given by

The deflection and moments are assumed to be given by the following

functions_ which satisfy geometrical constraints and represent

reasonable moment distributions"

(R-_3=
=

where b_ _o_are (as yet) undetermined coefficients.

If these assumptions are substituted into the expression for F_ and

the integrations are carried out_ the resulting equation has the form



Reissner's principle states_ in essence_ that the "best" values for
DOo _ _ _ and _ are those values for which the function F has a
stationary value. That is_

Evaluating the above partial derivatives and setting them equal to zero
furnishes three equations for the three unknowns _j _ and _I"
The final results are as follows:

where

"_=I-_ _÷ _o_ _-+_ * eSPY" _

For the bottom equipment plate used in ICARUS

R = _I,_

1¢_'.
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distributed load = "7_ + 4" "_ _I J_

totalarea= _ [_l, - Ls - 15_g _

circumference = e_ L_I, ----I _

t_-- o,qoo _

The outer edge spring for the bottom equipment plate is provided by

the body cone and the top equipment plate. From (1) _ page 62_ the

spring constant is determined to be

t

- IJ

The final results are as follows:

_o _

_, _,=_,i_o -I-.1_ _

The top equipment plate is dimensioned as follows:



t

Analysis shows that this plate is adequate for carrying its loading.

Nitrosen Bottle

The spherical gas bottle has a mean radius of 4 in. and will be designed

for a burst pressure of 6_500 psi. It is to be made of fiberglass fila-

ment wound construction using S 994 glass (60% glass by volume). The

ultimate tensile strength of this material is 321_000 psi. Due to the

winding technique for a spherical surface_ the design stress is reduced

to .325_t_. The stress in the spherical vessel is given by the follow-

ing relationship:

or solving for thickness_

t

With the values mentioned above_

-.l

where the factor of safety of 1.5 has been incorporated.

Given the density of the glass as _ = .072 ibxin3# the weight of the

gas bottle is

_,00,



Thrust Cylinder

To find the critical thickness of the beryllium thrust cylinder, the
assumption is made that the 7 in. length from the bottom to the lower

equipment plate carries the total load. The total load is obtained by

multiplying the spacecraft weight by the lingitudinal load factor,

The expression for the buckling load is given by [_)

On substituting E= _7_K |_b psi and then equating the above two expres-
sions, the thickness is obtained as

Due to present manufacturing limitations, this thickness must be in-

creased to
-I=0,0"60 ,,,,,.

With this thickness, the weight of the cylinder is

--I.



The effect of the lateral acceleration is to cause a bending moment in

the cylinder. The load acting through the Cogo is

The critical bending moment for buckling is given by the expression

M_R ,%7 E_i _

The actual bending moment is

t4= # & = 1_55 &

where d is the distance from the spacecraft c.g. to the bottom edge of

the cylinder.

Equating these two relations yields the following expression for 4:

&=
It, 5S & _o z

Since the actual moment arm is approximately i0 in_ the cylinder is

adequate with respect: to bending action°

Body Cone

In order to provide adequate bending rigidity_ the wall is of sandwich

construct:ion, with fiberglass faclngs and foam care. Plastic construc-

tion has been utilized for thermal considerations in this instance°

face thickness = tf = 0°005

core thickness = t
C

The material densities are as follows:

= Oo 20 _,_

= 0.0_ _
fiberglass (181 glass fabric) e_

Jh_
foam (polyeuroethane) _¢ = 0,_01_ _-_'IJ



The body cone surface area is given by:

Total weight of body cone is given as follows:

Structural stability of the cone can be approximately analyzed by using
(3) since the spacecraft body is essentially cylindrical. The following
parameters must be evaluated:

where O.= axial length of cylinder _ 16 inches

= radius of cylinder _ 22 inches

Of= Poisson's ration for face material _ 0.I0

E_= modulus of elasticity of face material = 3.6 × 106 psi

_= shear modulus of core material _ 700 psi

_= axial compressive force, pounds per inch

=0,Io
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From Fig. 5, Reference (11

t-i- Ci-o.o0
This represents the critical stress for the fiberglass facings.

The body cone will be loaded primarily by the top and bottom equipment

plates. That is_ relative motion of the edges of the plates provides

the mechanism for introducing forces in the body cone. The maximum

allowable relative motion is approximated as follows:

relative deflection : _ : ecltL= _,_[6_)CI_ ,_)

The closed system of equipment plates and cone is quite stiff; thus_

0.12 inches of relative motion of the plate edges should never occur,

and the body cone as designed is satisfactory.

Radio Propasation Antenna

This antenna consists of a beryllium wire which is seven inches long

and i0 mils in diameter. The geometrical and physical properties are

as follows:

density :e --°, °_''/'_ _

moduluso_e_st_c,ty:e "_ _l___"

moment of inertia _. : _ (.o o_o_'_ ¢._I x,,_ _¢: , _ : l_a II)

20¥.



w_,_t_erun_ _engt.: _ - _O,_) _O_J" "_'" -"
U

- S.Z6 x io-_

First, considering the transverse acceleration of 7 g's and assuming

that the antenna is a cantilever beam, the moment and stress are:

Maximum moment = Z I; %. _ Z X _0 _- _

Maximum stress =
(._.o_x,o-_)r,o.oos)

4._| X tO-'° - _,IB _l_ _

-l = I _l&l-I

The deflection at the end of the antenna is:

This deflection, while many times greater than the thickness, is much

less than the length of the beam and is acceptable°

The antenna must also support its own weight, without buckling, during

the 30 g longitudinal acceleration° The critical value of weight per

unit length for a cantilevered bar under its own weight is given by

_, B%_TE_-
%_= L_

- 4. 5_ xlC) -'---

_,%.- S,zK-_ =

Solar Cell Cone

The solar cells are supported on an integrally stiffened beryllium coni-

cal frustum (see Fig. 6B2.4). The cone thickness is 0.018 inches; the

stiffeners are 0.50 inches long and 0.030 inches thick° The total weight

of the stiffened cone is 4.28 kg (9.4 pounds).

2O,o'.



First consider the lateral load caused by the 7 g acceleration. An al-

ternate solution to the actual complex problem is made possible by devis-

ing a substitute loading condition which is more severe on the structure

but which admits a simple solution° If the cone can survive this more

severe loading_ it should be considered capable of surviving the actual

load condition.

The critical question associated with the actual lateral load concerns

the possible instability of the cone wall due to any compressive stresses

in the walls A more severe load state would consist of the load per

unit area caused by lateral acceleration applied as a hydrostatic pres-

sure. The critical value of the hydrostatic pressure is given in (4)
as follows:

where
R = critical value of hydrostatic pressure

__ = slant length of cone = 22.1 inches

R, * Rz

= thickness of cone = 0.018 inches

Note that the thickness is taken as the thickness of the cone alone.

This is conservative_ since the stiffeners tend to give an effective

thickness of 0.032 inches. Once again_ if the severe load can be

carried by the cone without stiffeners_ then the stiffened structure

will carry the actual load.

Substituting into the above equation:

206.



The actual lateral load per unit area is:

This is determined by taking the total weight of structure plus solar

cells, multiplying by the lateral load factor, and dividing by the sur-

face area of the cone. This load represents the lateral component of
the following normal pressure:

0,0/ 05"

Next consider the longitudinal loading caused by the 30 g acceleration°

Since the solar cells are essentially hanging from the bottom equipment

plate (see Fig. 6B2.3), the axial forces in the cone are tensile and

lead to no instabilities. However, due to the displacements of the cone,

compressive hoop forces are generated. Therefore, there exists the pos-

sibility of circ_mferentia! instai ility.

The detailed analysis of this problem is beyond the scope of this effort°

However, several structural model analyses based on

i) a longitudinal element of the shell resting on an elastic founda-

tion representing the remainder of the frustum,

2) the effective hoop contraction of a cylindrical shell segment

due to differential axial loading (a problem analogous to the

circumferential buckling of shells under thermal stress due to

axially varying thermal gradients) and

3) the complete neglect of the effect of the integral stiffening

in preventing such buckling

lead to the intuitive conclusion that the solar cell unit is capable of

carrying the acceleration load without buckling°

2of.
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APPENDIX C

Derivation of Eq. 6C3.4

6C3.4

where _$ = the fraction of incident radiation re-emitted
diffusely.

S = the solar constant

D, h, r, see Fig. 6C3.3

Referring to Fig. 6C3.3 and Fig. A-I immediately follow-

ing, the heat flux from an elemental area on the antenna

to an elemental area on the top of the vehicle is given by

g _J,_dz /7" S _-
$

assuming diffuse radiation of the flux Z I . The total flux
to the louver area i_ then

Substituting: Swr_ 0 2 J,_--- t"_Z'_O this becomes

h

since _ = F_ht+__

_,.,_- Z, D
r,

-- _//; this becomesSubstituting

the _ integration yields

fg_ dX _'
(9,,_ = Z, DA yl_,-i_,_ =/-; D._ #._-'R.//?2.
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If the antenna is assumed to be in thermal equilibream

and only radiation heat transfer is considered. Then

° S
and

1

z:;,4-f__o_"/,,('[
/_ /%._

' d,_l

-1
Figure A-I

2.10.



APPENDIX D

LECTURE SERIES

Stanford Faculty Topic

Bollay, Dr. William

Engineering Dept. 1211 Objectives of the CourseBackground on Previous

System Engineering Projects

131 Available Booster SystemsOrbits and Trajectories

De Bra, Dr. Daniel Stabilization
Aeronautics & AstronautiCS_

Lusignan, Dr. Bruce B.

Electrical Engineering l!I Objectives of the CourseCommunications

Mayers, Prof. Jean
Aeronautics & Astronautics

Structural Design

Sturrock, Dr. Peter

Engineering Science

Nature of Solar Corona

NASA Lecturers

Fimmel, Mr. Richard

Foster, Mr. John

lufer, Mr. Ernest

Lumb, Dr. Dale

Matthews, Mr. Howard

Sonnett, Dr. C. P.

Streed, Dr. Elmer

Wolfe, Dr. John

Data Processing

Objectives of the Advanced

Pioneer Project,.Power Supplies

Magnetic Cleanliness

Data Processing

Present Pioneer Project

Magnetometers

Thermal Control

Charged Particle Counters

(low to medium energies)

Visitin_ Lecturers

Brasher, Mr. William
Texas Instruments Corp.

High Temperature Solar Cells
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Harris_ Mr. S.

Douglas Aircraft Corp.

Jortner_ Dr. D.
T R W Corp.

Kirk_ Mr. J.

Douglas Aircraft

McCracken, Dr. Kenneth
Southwest Research Inst.

Peake, Mro Frank

Douglas Aircraft Corp.

Rittenhouse_ Mr. John B.

Lockheed Corp.

Schall_ Dr. Edward M.

Texas Instruments Corp.

Thor-Delta Vehicle

Poodle Nuclear Rocket

Thor-Delta Vehicle

Charged Particle Counters

(high energy)

Thor-Delta Vehicle

Materials Science

High Temperature Solar Cells


